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ABSTRACT 


Tnis  report  describes  the  design,  fabrication  and  test  of  a  radial  turbine  designed 
to  produce  219.  6  Btu/lb  stage  work  at  87.  5%  efficiency,  with  a  5:1  stage  pressure 
ratio.  Turbine  inlet  gas  conditions  at  design  point  were  257.  5  psia  and  2300 °F. 
The  resulting  turbine  configuration  consisted  of  an  air-cooled,  12-bladed  rotor 
designed  for  67,000  rpm,  and  a  20-vaned  air-cooled  nozzle  section  of  a  reflex- 
type  (supersonic)  design.  Both  parts  were  designed  as  IN100  (PWA  658)  invest¬ 
ment  castings. 

As  part  of  the  preliminary  design  effort,  a  fabrication  study  was  conducted  to 
evaluate  feasible  methods  of  casting  the  turbine  nozzle  and  rotor.  Results  showed 
that  the  nozzle  section  could  be  cast  as  an  integral  assembly,  but  fabrication  of 
the  rotor  as  an  integral  casting  was  much  more  difficult.  Bicasting  was  evaluated 
as  an  alternate  method  of  fabricating  the  rotor,  and  results  showed  substantial 
advantages  for  the  bicasting  technique.  However,  neither  method  could  produce 
designed  rotor  properties,  and  testing  was  conducted  with  structurally  limited 
rotors. 

A  test  rig  was  designed  and  fabricated  by  the  contractor.  The  test  rig  consisted 
of  a  supercharged  gas  generator,  which  had  the  capability  of  controlling  the  tur¬ 
bine  load  by  varying  the  compressor  flow  rate. 

Burner  testing  preceded  turbine  testing.  Aviation  gasoline  was  used  to  avoid 
carbon  buildup,  and  a  temperature  distribution  of  ATVR  =  1. 14  was  achieved  with 
a  modified  PT6  engine  flame  tube. 

Rotor  structural  limitations  precluded  turbine  testing  at  engine  design  conditions. 
The  maximum  test  value  of  turbine  inlet  temperature  was  2045  °F,  and  the  maxi¬ 
mum  rpm  was  approximately  53,000.  Measured  performance  at  turbine  inlet 
temperatures  of  1000°  to  1200°F  showed  that  efficiency  levels  were  within  -0.8 
to  +2. 3  efficiency  points  of  the  predicted  values  (87. 5%  efficiency,  AH/8  of 
41.3  Btu/lb  at  design  point).  It  was  concluded  that  the  aerodynamic  performance 
of  the  cooled  radial  turbine  substantiated  its  potential  for  application  in  advanced 
small  gas  turbine  engines. 
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FOREWORD 


The  work  described  in  this  report  was  accomplished  for  the  Eustis  Directorate, 

U.  S.  Army  Air  Mobility  Research  and  Development  Laboratory,  under  Contract 
DAAJ02-68-C-0003,  Task  1G162203D14413,  during  the  period  18  July  1967  to 
31  August  1970.  The  program  was  divided  into  two  phases:  (1)  preliminary 
design  of  a  high-temperature  radial  turbine;  and  (2)  final  design,  fabrication  and 
test  of  the  turbine.  The  work  completed  under  Phase  I  was  reported  by 
USAAVLABS  Technical  Report  68-69  (DDC  No.  AD-6%8164)  dated  January  1969. 
This  report  covers  the  work  completed  under  Phase  n  and  summarizes  pertinent 
information  from  Phase  I. 

This  program  was  conducted  by  three  elements  of  the  United  Aircraft  Corporation: 
the  Forida  Research  and  Development  Center  of  Pratt  &  Whitney  Aircraft  (FRDC); 
the  Connecticut  Operations  of  Pratt  &  Whitney  Aircraft;  and  United  Aircraft  of 
Canada,  Ltd.  (UACL).  FRDC  was  the  prime  contractor  for  the  program,  and  both 
UACL  and  Connecticut  Operations  had  major  contributing  roles. 

Mr.  Edward  T.  Johnson  of  the  Eustis  Directorate  was  the  contract  technical 
monitor. 
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INTRODUCTION 


Radial  turbines  can  offei  greater  stage-work  capacity  than  axial  turbines  and  at 
higher  efficiencies.  If  this  advantage  »*m  be  coupled  with  a  capability  to  accom¬ 
modate  high  turbine  inlet  temperatures,  radial  turbines  will  permit  appreciable 
simplification  of  small  gas  turbine  engines  for  use  in  future  Army  vehicles.  The 
objective  of  this  program  was  to  develop  the  technology  for  high-temperature 
radial  turbines  to  a  level  that  would  permit  a  potential  small-engine  manufacturer 
to  make  a  choice  between  the  radial  and  x\ial  turbine. 

A  2-year,  two-phase  program  was  conducted  involving  the  design  ami  testing  o(  a 
cooled,  single-stage,  radial-inflow  turbine  with  the  following  design  conditions: 
turbine  inlet  temperature  of  2J00  3  K.  tolal-to-total  aerodynamic  efficiency  of 
s7.  .VI;  gas  flow  of  nipruximalcly  a  lb/ sec.  ami  stage  work  parameter  (AII/0)  ol 
•II.  :i  Btu/lb. 

The  ubjcctivc  of  the  first  (ihasc  was  to  evolve,  through  iterative  uerudynam le¬ 
st  ructural -heat  transfer  analyses,  a  preliminary  turbine  design  to  meet  perform- 
ance  objectives.  The  llrjt  phase  included  cold-flow  turbine  tests  to  verify  the 
selected  numbers  of  no** le  vanes  ami  rotor  blades,  water-flow  tests  to  help  in 
ussecsing  the  effect  of  cooling  air  ejection  at  the  rotor  leading  edge,  ami  a 
fabrication  study  to  eslaliliuh  the  existing  state  of  the  art  for  casting  radial  tur¬ 
bines  and  to  uncover  any  potential  fabrication  problem  areas.  A  detailed  account 
of  the  Phase  I  effort  was  published  in  USAAY1.AHS  Technical  Report  b»-tiU 
(January  l‘.M»y).  pertinent  information  from  that  phase  is  summarized  in  this 
report. 

In  the  second  phase,  the  tuiliine  design  was  finalized  and  fabrication  of  the  turbine 
hardware  was  completed.  Burner  testing  and  modification  were  conducted  to 
establish  a  suitable  exit  temperature  profile.  A  coating  development  program 
was  added  to  Phase  U  when  the  trial  rotors  of  the  Phase  I  fabrication  study  did  not 
meet  the  required  specifications.  Cold  flow  turbine  testa  were  conducted  to 
determine  the  operating  characteristics  of  the  rig,  and  the  cooled  radial  turbine 
was  hot  tested  under  various  conditions  to  measure  the  performance  level. 
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PHASE  n.  TASK  1  -  DETAIL  DESIGN  OF  HOT  TURBINE 


TASK  SUMMARY 

The  objective  of  this  task  was  to  finalize  the  Phase  I  preliminary  design  for  the 
turbine  nozzle,  rotor,  backplate,  and  shroud.  Included  in  this  task  were  stress 
analyses,  heat  transfer  analyses,  aerodynamic  analyses  (where  applicable),  and 
the  preparation  of  detailed  manufacturing  drawings.  The  details  of  the  design 
procedures  were  presented  in  the  Phase  I  report. 

The  Phase  II  final  geometries  for  the  parts  designed  in  this  task  were  essentially 
the  same  as  the  Phase  I  final  geometries.  The  Phase  II  predicted  stress  and 
metal  temperatures  were  slightly  different  from  those  published  in  Phase  I,  but 
the  basic  stress  and  thermal  patterns  were  not  changed. 

The  structural  design  goal  for  the  nozzle,  shroud  and  backplate  was  a  300-hr 
stress-rupture  life.  Conventional  clastic  stress  analyses  were  used  to  design 
these  parts.  In  the  case  of  the  turbine  nozzle,  the  200-hr  stress-rupture  life 
was  not  indicated  by  the  elastic  analysis  (which  did  not  account  for  stress 
relaxation  due  to  plastic  redistribution  of  the  material),  and  a  plastic  stress 
analysis  was  required  to  show  thai  the  nozzle  design  met  the  original  goal.  The 
turbine  rotor  stress  analysis  was  accomplished  with  a  UACL  finite  element 
technique  (described  in  a  later  paragraph)  with  design  criteria  of  1%  creep  in 
100  hr  and  burst  at  130%  design  speed. 


GENERAL  DESIGN  CONCEPTS 


The  radial  turbine  was  designed  as  the  gas  generator  turbine  for  a  hypothetical 
twin-spool  turboshaft  engine  in  the  5  lb/sec  airflow  class.  The  basic  engine 
cycle  had  an  overall  pressure  ratio  of  18:1  and  a  turbine  inlet  temperature  of 
2300  F.  Table  I  shows  the  other  basic  design  assumptions  for  the  engine  and 
the  gas  generator  radial  turbine. 

Figure  1  shows  the  mean  line  design  parameters  for  the  radial  turbine.  Since  the 
direction  of  rotation  of  the  axial  power  turbine  In  the  assumed  engine  was  not 
s|jeclfled,  the  exit  swirl  from  the  gas  generator  turbine  was  chosen  to  be  zero. 
Tne  absolute  exit  Mach  No.  was  chosen  to  be  0.43,  and  the  rotor  hub  radius  at 
exit  was  set  at  1.0  in.  Due  tn  the  hostile  thermal  environment,  the  aerodynamic 
design  of  the  turbine  was  intentionally  compromised  to  relieve  the  high  stress 
levels  In  the  rotor.  For  example,  it  was  recognized  that  the  choice  of  +6.5  deg 
incidence  (to  minimize  rotor  blade  length)  would  cost  several  points  in  design 
point  efficiency.  The  number  of  rotor  blades  was  similarly  below  optimum,  to 
reduce  hub  stresses  and  cooling  air  requirements. 
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TABLE  I.  HYPOTHETICAL  ENGINE  DESIGN  PARAMETERS 
(SEA  LEVEL,  STATIC) 


ASSUMED  ENGINE 

Pressure  Ratio 

18:1 

Compressor 

1  AX  +  l  CENT 

Centrifugal  PR 

10:1 

Centrifugal  Ns 

80 

Overall  Efficiency 

81% 

Gas  Generator  Turbine 

1  Radial 

Power  Turbine  (Free  Shaft,  Front  Drive) 

1  Axial 

GAS  GENERATOR  TURBINE 

Inlet  Pressure 

257.5  psia 

Inlet  Temperature 

2300° F 

Inlet  Flow  Rate 

4.90  lb/sec 

Rotational  Speed 

67,000  rev/min 

Enthalpy  Drop 

219.6  Btu/lb 

Target  Efficiency  (Total) 

0.875 

Total  Pressure  Ratio 

5.165 

A 8  shown  in  Figure  2,  the  basic  components  of  the  turbine  were  the  rotor,  the 
backplate  assembly,  the  nozzle,  and  the  shroud  assembly.  The  downstream 
duct  with  its  struts  and  centerbody  was  a  test  rig  part,  and  did  not  simulate 
any  specific  engine  configuration.  The  rotor  (A)  was  a  single-piece  casting  that 
was  overhung  from  the  gas  generator  shaft  (to  the  left  in  the  figure).  The  back- 
plate  assembly,  which  consisted  of  the  lower  backplate  (B),  upper  backplate 
(C),  and  air  cover  (D),  was  bolted  to  the  bearing  housing.  The  backplate  was 
designed  in  two  concentric  parts  to  permit  unrestricted  radial  growth,  thus 
reducing  thermal  stresses.  The  radial  nozzle  (E),  also  bolted  to  the  bearing 
housing,  was  an  integral  casting  with  20  hollow  vanes.  The  stationary  shroud 
ring  (F)  was  held  concentric  with  the  nozzle  by  means  of  radial  dogs  and  slots. 
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Stresses  in  the  shroud  ring  were  relieved  by  the  pressure  balance  piston  (G). 

An  air  cover  (H),  which  channelled  the  shroud  cooling  air,  completed  the  shroud 
assembly.  The  shroud  ring  and  the  upper  backplate  formed  face  seals  with  the 
nozzle  casting,  the  sealing  force  being  maintained  by  the  large  pi'essure 
difference  between  the  cooling  air  and  the  hot  primary  gas  stream. 


NOZZLE  FINAL  DESIGN 


The  final  nozzle  design  was  an  integral  casting  of  INI  00  (PWA  058),  having  20 
hollow  vanes  with  cooling  inserts  and  two  platform  heat  shields  as  shown  in 
Figure  3.  The  airfoil  and  insert  geometries  are  defined  in  Figure  4. 

Referring  to  Figure  3,  the  nozzle  was  cooled  by  two  separate  streams  of  cooling 
air  which,  after  having  cooled  the  backplate  and  shroud,  converged  in  the  nozzle 
vanes  and  were  ejected  into  the  primary  gas  stream  ahead  of  the  rotor.  Rack- 
plate  cooling  air  amounting  to  3%  of  primary  flow,  at  850“ F  and  257.5  psiu,  was 
progressively  admitted  into  the  space  formed  by  the  backplate  and  its  air  cover. 
In  this  area  it  passed  through  a  number  of  channels  machined  into  the  surface 
of  the  upper  backplate,  then  through  holes  in  the  nozzle  support  cylinder,  and 
finally  into  the  nozzle  insert  at  an  estimated  temperature  of  1080  F  and  250  psia. 
Shroud  cooling  air,  also  3%,  was  similarly  admitted  into  the  space  between  the 
shroud  ring  and  its  air  cover,  passed  through  a  number  of  channels  machined 
into  the  shroud  at  its  outer  radius,  and  flowed  into  the  nozzle  inserts  at  the 
same  nominal  pressure  as  the  backplate  coolant.  To  allow  for  small  pressure 
differences  between  the  two  vane  coolant  supplies,  a  dividing  wall  was  placed 
at  the  insert  midspan.  The  backplate  and  shroud  cooling  streams  merged 
inside  the  vanes,  combined  to  cool  the  vanes,  and  then  were  ejected  together 
through  slits  in  the  vanes  into  the  mainstream.  The  quantity  of  air  required 
to  cool  these  stationary  components  was  therefore  (5%  of  the  primary  flow  at 
the  nozzle  leading  edge.  This  air  was  ejected  upstream  of  the  rotor  and  was 
not  completely  lost  to  the  gas  generator  cycle. 

The  following  paragraphs  present  more  detailed  information  on  the  aerodynamic, 
heat  transfer,  and  structural  analyses  for  the  nozzle. 


Nozzle  Aerodynamic  Design 

The  Phase  n  final  nozzle  design  used  20  airfoils  of  the  reflex  type.  In  this  type 
of  vane,  shown  schematically  in  Figure  5,  the  suction  surface  downstream  of 
the  throat  is  a  streamline  in  a  compressible,  adiabatic,  free  vortex  flow  field, 
with  sidewall  and  vane  friction  effects  included.  At  the  leading  edge,  the 
incidence  calculated  by  potential  flow  analysis  was  zero.  All  aerodynamic 
parameters  for  the  nozzle  design  were  calculated  by  potential  flow  analyses, 
results  of  which  are  presented  in  Figure  6,  7,  and  8. 
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The  original  selection  of  20  nozzle  vanes  was  verified  during  the  Phase  I 
cold-flow  tests,  which  showed  that  20  vanes  were  slightly  more  efficient  than 
either  15  or  25  vanes  of  similar  design  at  a  stage  pressure  ratio  of  about  5:1. 


Nozzle  Heat  Transfer  Design 

The  nozzle,  due  to  its  small  size,  presented  a  formidable  design  challenge. 

The  internal  cooling  passage  configuration  producing  a  satisfactory  vane  metal 
temperature  distribution  was  one  of  considerable  complexity  (Figure  9). 

Cooling  air  from  the  shroud  and  backplate  emerged  from  the  insert,  impinged 
onto  the  vane,  and  was  split  into  two  parts.  One  part,  amounting  to  2%  of  the 
primary  stream,  was  ejected  onto  the  suction  surface  of  the  vane,  where  it 
formed  a  cooling  film.  The  remaining  4%  passed  over  internal  fins  and  was 
ejected  onto  the  pressure  surface  of  the  vane  in  an  accelerating  region  of  the 
nozzle  channel. 

'flic  platform  heat  shields  (Figure  3)  represented  an  interesting  design  solution 
to  the  problem  of  excessive  radial  thermal  gradients  in  the  platforms.  The 
problem  existed  because  combustor  liner  cooling  air  was  expected  to  persist 
as  a  film  into  the  nozzle  channels,  where  it  progressively  mixed  with  the 
primary  stream  and  increased  in  temperature  in  the  downstream  direction. 
'This  was  predicted  to  cause  a  radial  temperature  gradient  in  the  platforms 
(cooler  at  OD)  which  would  produce  excessive  hoop  stresses.  The  introduction 
of  additional  cooling  air  midway  through  the  nozzle  channel,  which  w'as  one 
possible  way  of  reducing  this  radial  thermal  gradient,  w'ould  havp  lowered  the 
average  temperature  in  the  platforms  to  the  point  where  the  temperature 
difference  between  platforms  and  vanes  would  have  caused  excessive  shear 
stresses  at  their  junction.  The  heat  shields,  which  extended  part  way  into  the 
nozzle  channels,  reduced  the  radial  thermal  gradient  by  preventing  overcooling 
of  the  outer  portions  of  the  platforms;  and  at  the  same  time,they  reduced  the 
temperature  difference  between  platforms  and  vanes. 

Calculated  gas  side  heat  transfer  coefficients  for  the  vanes  are  presented  in 
Figure  10,  and  coefficients  for  the  internal  cooling  passage  are  presented  in 
Figure  11.  The  assumed  spanwise  gas  temperature  profile  at  the  vane  inlet 
is  shown  in  Figure  12. 

Final  predicted  metal  temperatures  for  the  vane  and  platform  are  presented  in 
Figures  13  and  14,  respectively.  For  a  "hot  spot"  having  a  peak  temperature 
of  2G00°F,  vane  metal  temperatures  would  increase  by  approximately  100°F 
above  those  shown.  These  temperature  levels  were  not  expected  to  cause  any 
endurance  problems  during  the  test  program. 
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Nozzle  Structural  Design 


An  elastic  stress  analysis  of  the  radial  turbine  nozzle  was  carried  out.  Results 
presented  in  Figure  15  indicate  that  the  elastic  behavior  did  not  satisfy  the 
300-hr  stress -rupture  goal  at  the  vane  trailing  edge  and  at  the  inner  portions 
of  the  platform.  [Mechanical  properties  for  the  vane  material,  INI 00  (PWA 
658),  are  presented  in  Figures  16  and  17.}  Two  additional  analyses  were 
carried  out  for  the  vane  trailing  edge,  which  was  the  more  severe  of  the  two 
structural  problems.  The  first  of  these  was  a  more  refined  elastic  analysis 
that  used  a  finer  nodal  breakdown  and  considered  the  effects  of  thermal 
radiation  (which  reduced  the  thermal  gradient  in  the  axial  direction).  Results 
showed  a  reduction  in  the  calculated  elastic  stress  from  about  50,  000  psi  to 
about  43,  300  psi.  The  second  analysis  was  a  stress  relaxation  study,  or 
plastic  stress  analysis,  which  accounted  for  the  effects  of  local  stress  relief 
through  creep.  For  conservatism,  the  previously  calculated  stress  level  of 
50,  COO  psi  was  assumed  to  exist  36  sec  after  the  application  of  load.  Results 
of  this  study  presented  in  Figure  18  showed  that  initial  stresses  were  quickly 
relieved  and  that  the  design  would  meet  the  300-hr  goal.  For  instance,  after 
20  hr  of  steady-state  operation  at  100%  power,  the  predicted  stress  in  the  vane 
trailing  edge  has  dropped  to  20,  000  psi,  and  the  time  required  for  stress-rupture 
at  this  level  would  be  about  450  hr.  Figure  18  gives  conservative  life  estimates 
when  applied  to  cyclic  operation.  If  it  is  assumed  that  a  mission  consisted  of 
2  hr  operation  at  100%  power,  the  predicted  life  remaining  after  ten  missions 
(20  hr  total  operation)  would  be  greater  than  450  hr.  A  more  realistic  life 
study  would  indicate  considerably  longer  life,  since  only  about  1 5%  of  the 
engine  operating  time  would  be  spent  at  100%  power. 

Predicted  deflections  at  design  conditions  for  selected  locations  on  the  nozzle 
are  shown  in  Figure  19. 


ROTOR  FINAL  DESIGN 

The  Phase  II  final  rotor  design  was  an  IN100  (PWA  S58)  casting  having  12  hollow 
blades  cooled  by  3%  cooling  air  flow,  most  of  which  made  a  double  pass  through 
the  blades.  Figures  20  and  21  define  the  rotor  geometry. 

The  final  number  of  rotor  blades  (12)  was  selected  on  the  basis  of  a  Phase  I 
trade-off  study  that  considered  the  effect  on  the  hypothetical  cycle  of  using 
10-  ,  12-  ,  and  14-blade  rotor  designs.  Phase  I  aerodynamic  tests  of  10-  ,  12-  , 
and  14-blade  rotors  showed  a  0.4%  efficiency  penalty  for  the  12-blade  rotor 
compared  to  the  14-blade  design,  and  a  0.9%  efficiency  advantage  for  the 
12-blade  rotor  over  the  10-blade  design.  For  the  hypothetical  engine  cycle,  the 
12-blade  rotor  gave  a  calculated  SFC  of  0.4213  Ib/hp-hr  compared  to  0.4210 
lb/hp-hr  for  the  cycle  using  the  14-blade  rotor.  This  small  SFC  penalty  was 
acceptable  in  return  for  the  lower  rotor  stresses  and  reduced  cooling  air 
requirements  of  the  12-blade  design. 
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The  two-pass  blade  cooling  design  was  selected  over  a  simpler,  single-pass 
design  for  both  heat  transfer  and  aerodynamic  reasons.  The  single-pass 
configuration  studied  consisted  of  a  cooling  passage  that  carried  the  coolant 
from  the  hub  to  the  blade  tips,  where  it  was  ejected  radially  outward.  Calcu¬ 
lated  metal  temperatures  for  the  two-pass  configuration  were  significantly 
lower  than  the  single-pass  design  with  the  same  cooling  air  flow.  Aerodynam- 
ically,  the  single-pass  design  was  less  desirable  because  the  Phase  I  water 
tests  showed  that  tip  ejection  of  the  coolant  tended  to  aggravate  flow  separation 
at  the  blade  tips. 

The  following  paragraphs,  in  conjunction  with  the  Phase  I  report,  describe  the 
aerodynamic,  heat  transfer,  and  stress  analyses  of  the  rotor. 


Rotor  Aerodynamic  Design 


One  of  the  reasons  that  a  single-pass  cooling  design  was  rejected  in  favor  of  a 
two-pass  design  was  to  eliminate  the  anticipated  aerodynamic  penalty  resulting 
from  exhausting  the  coolant  at  the  blade  tips.  A  second  reason  for  selecting 
the  two-pass  design  was  the  aerodynamic  advantage  of  this  configuration.  By 
virtue  of  its  large  pressure  drop,  the  high-work  radial  turbine  has  a  large 
pressure  differential  available  between  the  rotor  cooling  air  and  the  primary 
gas  stream  almost  anywhere  on  the  rotor.  The  resulting  high  ejection  velocity 
can  be  used  for  boundary  layer  control  in  regions  of  local  mainstream 
diffusion.  In  the  rotor  design,  such  a  region  existed  on  the  suction  surface  of 
the  exducer,  over  the  outer  portion  of  the  blade,  and  the  rotor  cooling  air 
exhaust  was  located  in  this  area.  There  are  no  quantitative  data  available  to 
indicate  the  magnitude  of  performance  improvement  that  might  be  expected. 

The  rotor  velocity  distribution  is  defined  by  Figures  22,  23,  and  24.  These 
figures  show  the  predicted  relative  velocities  along  a  blade  in  three  spanwise 
locations:  along  the  shroud,  at  the  mean  span,  and  along  the  hub.  The 
velocities  shown  were  calculated  by  a  potential  flow  analysis  and  were  used  to 
predict  aerodynamic  blade  loading. 


Rotor  Heat  Transfer  Design 


In  the  two-pass  cooling  configuration  shown  in  Figure  2,  cooling  air  (3%)  was 
introduced  into  the  rotor  hub  at  its  downstream  face  and  was  guided  into  the 
blade  cavities  through  12  holes.  Each  blade  contained  an  internal  two-pass 
cooling  passage  in  which  the  coolant  was  first  guided  toward  the  blade  tip, 
flowing  along  the  back  face  of  the  blade.  At  the  tip,  some  of  the  coo’ing  air 
(0. 5%  total)  was  bled  into  the  mainstream.  The  remainder  flowed  along  the 
shroud  side  of  the  blade  and  was  finally  ejected  at  high  velocity  onto  the  suction 
surface  of  the  blade  through  a  part-span  slot.  This  cooling  design  satisfied 
two  requirements:  (1)  some  cooling  was  provided  at  the  outer  corners  of  the 
cooling  passage,  which  otherwise  tend  to  produce  stagnant  areas  where  metal 
temperatures  could  become  excessive,  and  (2)  additional  cooling  air  was 
provided  along  the  back  side  of  the  blade,  where  the  heat  input  was  greater, 
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without  requiring  any  redesign  of  the  shroud-side  cooling  passage,  which  was 
choked  at  2. 5%  cooling  air  flow. 

For  cooling  air  entry  location,  the  downstream  face  o?  the  rotor  was  chosen  in 
preference  to  the  flange  face  to  keep  the  rotating  see.  diameter,  and  therefore, 
seal  leakage,  to  a  low  value.  This  location  for  the  '-ooling  air  inlet  was 
adopted  to  expedite  rig  testing.  In  a  front-drive  engine  application,  the  seal 
might  be  located  behind  the  rotor;  this  would  provide  a  more  compact  coolant 
supply  system  and  it  would  provide  for  the  passage  of  a  free  turbine  shaft. 

Rotor  heat  transfer  analysis  was  complicated  by  the  anticipated  flow  separation 
at  the  blade  leading  edge  (as  observed  during  the  water  tests)  and  the  incomplete¬ 
ly  understood  leakage  flow  pattern  between  the  rotor  blades  and  the  baekplate. 
For  heat  transfer  calculations,  the  potential  flow  streamlines  (presented  in 
Figures  22,  23,  and  24)  were  modified  in  the  star  portion  of  the  rotor  as  shown 
by  the  dotted  lines  in  Figures  25,  2G,  and  27.  The  modified  velocity  distri¬ 
butions  were  estimated  from  the  Phase  I  water  visualization  tests.  The  flow 
patterns  observed  in  the  water  tests  differ  from  those  predicted  by  potential 
flow  analysis  in  that  a  suction  side  separation  bubble  was  observed  in  the  water 
testing  and  the  inlet  stagnation  streamline  was  located  at  the  blade  tip  instead 
of  somewhere  downsti*eam  of  the  tip  on  the  pressure  side,  as  predicted  by  the 
potential  flow  calculation.  The  separated  region  was  believed  to  be  a  local 
phenomenon  that  would  have  a  more  significant  effect  on  the  heat  transfer 
coefficients  than  on  the  blade  loading,  and  it  was  therefore  considered  only  for 
thermal  analysis. 

In  the  rotor  blade/backplate  leakage  region,  gas  side  heat  transfer  coefficients 
were  calculated  by  considering  several  possible  flow  patterns  and  choosing  a 
coefficient  that  erred  on  the  conservative  side  of  the  average.  The  mainstream 
heat  transfer  coefficients  were  calculated  on  the  assumption  that  turbulent  flow 
existed  throughout,  which  should  also  lead  to  a  conservative  design. 

Figure  28  shows  the  predicted  gas  side  static  pressure  distribution  within  the 
rotor,  and  Figures  29,  30,  and  31  show  the  calculated  gas  side  relative 
temperatures  and  heat  transfer  coefficients  along  the  rotor  hub,  mean  line, 
and  shroud.  Heat  transfer  coefficients  for  the  internal  cooling  passages  were 
calculated  by  standard  turbulent  pipe  flow  methods  as: 

h  =  0.023^  (Re)’8  (Pr)'4 


where  h  =  heat  transfer  coefficient 

k  =  thermal  conductivity  of  the  fluid 

Dfj  =  hydraulic  dia 

Re  =  Reynolds  No. 

Pr  =  Prandtl  No. 
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The  resulting  coefficients  are  shown  in  Figure  32. 

The  rotor  analysis  used  the  calculated  heat  transfer  coefficients  in  a  matrix  of 
250  internal  nodes  and  200  external  nodes  per  blade  segment,  and  the  resulting 
metal  temperatures  are  shown  in  Figure  33.  In  the  cooled  portion  of  the  blades, 
the  calculated  metal  temperatures  were  about  300  deg  lower  than  the  local 
relative  gas  temperatures. 


Rotor  Structural  Design 

The  material  specified  for  the  final  rotor  design  was  INI 00  (PWA  (558),  which 
was  previously  selected  in  the  Phase  I  preliminary  design.  Mechanical 
properties  used  to  determine  allowable  stresses  in  the  rotor  were  previously 
presented  in  Figures  16  and  17.  Rotor  design  criteria  were  defined  as  30" 
burst  margin  and  1"  creep  in  100  hr. 


Stress  analysis  of  the  rotor  was  accomplished  with  a  UACL  technique  that  is 
initiated  by  calculating  the  thickness  distributions  of  two  random  blade  sections, 
shown  in  Figure  3  1  as  sections  A  and  B.  Each  of  the  two  reference  sections  is 
first  designed  as  an  independent  strip  element.  The  radial  variation  of  metal 
temperature  and  the  corresponding  allowable  stress  criteria  for  the  strip  are 
known  from  heat  transfer  analyses  and  material  property  data.  The  tip  of  the 
clement  must  have  a  certain  minimum  taper  angle  for  manufacturing  reasons. 
This  taper  angle  is  continued  radially  inward  (Figure  35)  until  the  allowable 
stress  is  reached.  In  the  design  of  the  rotor,  the  allowable  stress  in  the  hub 
at  design  conditions  was  defined  as  the  ultimate  tensile  strength  (UTS)  divided 
by  1.3-  (corresponding  to  130%  of  design  speed);  in  the  blades,  the  allowable 
stress  was  defined  as  the  lower  value  of  either  (1)  ultimate  tensile  strength 
divided  by  1.32,  or  (2)  the  stress  that  gives  1%  creep  in  100  hr.  At  .ower 
metal  temperatures,  the  ultimate  tensile  strength  determines  the  allowable 
stress;  and  at  higher  metal  temperatures  (above  1400°  F), the  1%  creep  stress 
criterion  dominates. 


The  radial  location  where  the  allowable  stress  first  occurs  is  defined  as  the 
transition  point  between  the  tip  portion  of  the  element  and  the  hub  portion, 
which  has  a  thickness  distribution  that  keeps  the  blade  stress  always  within 
the  maximum  allowable.  The  thickness  distribution  below  the  transition  point 
is  described  by  a  polynomial  of  the  form 


T  =  a  +b*z  +  c*z2  +  d«z3 


(1) 
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The  transition  points  of  the  two  reference  sections  can  be  joined  by  any 
arbitrary  curve  (Figure  36)  that  describes  the  locus  of  transition  points  of  all 
interpolated  and  extrapolated  sections.  In  the  structural  design  of  the  turbine 
rotor,  a  parabola  was  used  to  join  the  transition  points  of  the  radial  sections. 
Each  interpolated  (and  extrapolated)  section  has  its  thickness  distribution 
below  the  transition  point  described  by  a  polynomial  which  has  coefficients 
obtained  by  linear  interpolation  between  (or  extrapolation  from)  coefficients 
of  the  reference  sections.  For  instance,  in  Figure  36,  the  thickness  T  at 
the  transition  point  of  section  C  is 


TC  =  aC  +  bCz  +  cCz2  +  dCz3  (2) 

where  the  coefficients  ac,  be,  cc,  etc. ,  are  obtained  by  linear  interpolation  of 
the  similar  coefficients  in  sections  A  and  B  as 


(C-B) 

aC=ftS)aA 


(3) 


The  rotor  blade  design  procedure  thus  consists  of  (1)  choosing  the  reference 
planes  A  and  B,  (2)  choosing  the  shape  of  the  transition-point  locus  curve, 

(3)  calculating  the  complete  blade  thickness  distribution,  and  then  (4)  carrying 
out  a  complete  two-dimensional  stress  analysis.  Depending  on  the  results  of 
this  analysis,  either  the  reference  plane  location  or  the  locus  of  transition 
points  is  modified  and  the  process  is  repeated  until  the  blade  stress  distribution 
is  satisfactory. 

Results  from  the  final  rotor  stress  analysis  are  presented  in  Figure  37,  which 
defines  the  blade  thickness  distribution,  and  in  Figures  38  and  39,  which  show 
stresses  and  stress  ratios  (effective  stress/UTS)  predicted  for  the  rotor  at 
design  point.  To  check  for  design  margin,  the  same  parameters  were 
calculated  for  a  30%  overspeed  condition  (87, 000  rpm)  with  design  point  metal 
temperature  distribution.  Results  are  presented  in  Figures  40  and  41.  In 
Figure  40,  the  peak  stress  in  the  bore  has  increased  only  about  5%  as  a  result 
of  an  (rpm2)  increase  of  69%;  this  is  due  to  plastic  redistribution  of  material 
in  the  hub.  The  critical  location  in  the  rotor  appears  to  be  on  the  back  face 
of  the  blades,  just  above  the  hub.  At  the  30%  overspeed  condition,  the  stresses 
at  this  point  are  approaching  the  ultimate  tensile  strength,  and  failure  in  this 
area  was  predicted  at  approximately  88, 150  rpm. 

Calculated  radial  growths  and  axial  deflections  for  the  rotor  at  design  point  are 
presented  in  Figure  42. 
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SHROUD  FINAL  DESIGN 


The  Phase  II  final  shroud  design  was  a  one-piece  machined  INI  00  casting  with  a 
cross-sectional  profile  as  shown  in  Figure  43.  TTiree  hundred  fins  of  0.030-in. 
height  were  machined  on  the  cold  side  of  the  ring,  from  R  =  3.26  in.  to 
R  =  3.93  in.  The  slots  between  the  fins  had  a  constant  width  of  0.030  in. .and 
these  provided  uniformly  high  convective  heat  transfer  coefficients  in  the  high 
temperature  area.  The  shroud  was  positioned  against  the  nozzle  at  its  outer 
radius,  and  the  higher  pressure  on  the  cold  side  of  the  shroud  provided  the 
sealing  force.  At  its  inner  radius, the  shroud  was  supported  by  a  piston 
arrangement  that  also  preloaded  the  shroud,  which  reduced  the  stress  levels 
in  the  shroud  during  operation. 


Shroud  Heat  Transfer  Design 

The  shroud  was  designed  to  be  convectively  cooled  by  3<t  airflow  at  257. 5  psia 
and  850° F.  In  the  hypothetical  engine  cycle,  this  was  equivalent  to  compressor 
discharge  conditions  with  some  pressure  loss  for  the  transfer  system.  Coolly 
air  was  guided  over  the  cold  (concave)  side  of  the  shroud  by  a  contoured  sheet 
metal  cover  plate.  After  cooling  the  shroud,  the  air  entered  the  nozzle  cooling 
system  at  a  predicted  temperature  of  1080° F.  Calculated  metal  temperatures 
for  the  hot  face,  midthickness,  and  cold  face  at  design  point  conditions  are 
presented  in  Figure  44. 


Shroud  Structural  Design 


Results  from  the  final  elastic  stress  analysis  of  the  shroud  are  presented  In 
Figure  45.  The  maximum  stresses  shown  were  lower  than  the  300-hr  stress 
rupture  strength  of  the  material,  which  was  the  original  design  goal,  (Stress 
rupture  properties  are  shown  for  predicted  hot-face  temperatures,  since  these 
yield  the  most  conservative  allowable  stresses.)  The  lower  curve  in  Figure  45 
shows  that  temperature  gradients  in  the  shroud  generally  account  for  half  or 
more  of  the  total  predicted  stresses. 


BACKPLATE  FINAL  DESIGN 


The  Phase  n  final  design  for  the  backplate  and  its  supporting  structure  is  defined 
in  Figure  46.  In  this  design,  the  backplate  was  segmented  into  two  concentric 
rings  to  allow  unrestrained  radial  growth  in  each  part.  Sealing  at  the  inter¬ 
segment  face  and  at  the  nozzle  backplate  face  was  maintained  by  the  pressure 
differential  between  the  cold  (high  pressure)  and  the  hot  side.  Both  backplate 
parts  were  machined  IN100  castings;  the  supporting  structure  was  Inconel  X. 
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Backplatc  Heat  Transfer  Design 


The  backplatc  heat  transfer  design  was  similar  to  that  for  the  shroud;  cooling 
was  achieved  by  convection,  using  3l  cooling  airflow  at  257.3  pain  and  £50'  F. 
Cooling  air  was  guided  over  the  cold  side  of  the  backplatc  assembly  by  a  sheet 
metal  cover.  At  the  larger  diameters,  the  coolant  flow  rate  was  Increased 
to  meet  the  higher  gas-side  temperatures.  Aftrr  cooling  the  backplatc,  the 
cooling  air  entered  the  nozzle  cooling  system  at  a  predicted  temperature  of 
1040'F. 

Two  hundred  sixteen  fins  were  machined  on  the  cold  side  of  the  upftcr  backplatc, 
with  constant-area  slots  0.055-in.  wide  by  o.  027-In.  deep  between  fins.  These 
provided  closely  controlled  gap*  that  maintained  uniformly  high  convective  heal 
transfer  coefficient*  In  the  high  temperature  areas. 

Calculated  design-point  metal  temperature*  for  the  backplatc  assembly  are 
shown  in  Figure  -17  for  the  radial  direction  and  in  Figure  |£  for  the  axial 
direction.  As  shown  in  Figure  47,  a  lcmj>er.»hirc  peak  occur*  on  the  upi>cr 
backplatc  hot  face  at  a  radius  of  S|ipnox!mately  4  In.  This  is  caused  by  the 
main  gas  stream  coming  into  contact  with  the  upj»cr  backplatc  at  a  radius 
slightly  higher  than  4  in.  At  that  |»|nt,  no  work  has  been  taken  out  of  the 
main  gas  stream,  and  the  metal  Is  subjected  to  rotor  inlet  gas  tempera  lures. 

At  a  radius  of  nbout  3.9  In.,  the  gas  enters  the  rotor,  work  Is  removed  from 
the  gas,  and  the  upper  backplatc  is  exposed  to  decreasing  gas  temperature* 
at  decreasing  radii.  The  same  figure  shims  a  mlnii  im  cold  face  temperature 
occurring  at  nearly  the  same  radius.  This  is  primarily  the  result  of  Injecting 
part  of  the  3^  cooling  flow*  at  a  3. 7-In.  radius.  (See  Figure  46. ) 


Backplatc  Structural  Design 

Results  from  the  final  olaslic  stress  analy  sis  of  the  backplatc  structures  are 
presented  in  Figures  49  and  50,  which  show  calculated  stresses  in  the  radial 
and  axial  directions,  respectively.  Figure  49  shows  the  calculated  sires* 
resulting  from  both  thermnl  gradients  and  pressure  loads.  In  the  case  of  the 
lower  backplatc,  the  maximum  stresses  (without  regard  to  location)  were  lower 
than  the  allowable  stress  for  300-hr  stress  rupture  based  on  the  predicted  hot 
side  temperatures,  and  the  structural  design  goal  was  satisfied.  In  the  case 
of  the  upper  bnckpiate,  the  calculated  cold  side  and  hot  side  stresses  were 
lower  than  their  respective  allowable  stresses,  and  the  design  goals  were 
satisfied  by  this  design,  rhe  lower  curve  on  Figure  49  (stresses  due  solely 
to  pressure  loads)  shows  that  the  predicted  thermal  gradients  were  the  major 
contributors  to  the  resultant  stresses  in  the  upper  backplatc.  Figure  50  shows 
that  the  calculated  axial  stresses  In  the  lower  backplatc  and  Its  support  were 
well  below  the  maximum  allowable  for  300-hr  life. 


TURBINE  STACK  PERFORMANCE  PREDICTIONS 


The  Phase  □  performance  analyses  were  directed  primarily  toward  refining  the 
off-design  performance  predictions  for  the  turbine.  This  work  was  accomplished 
by  UACI  with  a  semiempirical  technique  thnt  was  developed  under  an  earlier 
radial  turbine  program.  Results  are  presented  in  Figures  51  through  58. 

Figure  51  compares  the  Phase  II  predicted  performance  with  the  Ibasc  I 
predictions.  Although  design  point  efficiency  <8?.5^>  was  not  changed,  there 
were  some  differences  In  the  predicted  efficiency  at  off-design  velocity  ratios. 

At  velocity  ratios  higher  than  design  point,  the  Phase  II  predictions  showed 
higher  efficiencies  than  the  I’haae  I  predictions,  and  vice  versa  at  lower-thnn- 
dcsign  velocity  ratios.  The  performance  predicted  during  I*hase  I  (preliminary 
design)  was  assumed  to  be  the  same  as  a  similar  design  previously  tested  at 
PACE.  The  Phase  II  (detail  design)  performance  was  calculated  by  arriving 
nozzle  and  rotor  loss  correlations  to  this  turbine  design. 

As  shown  in  Figure  52.  turbine  efficiencies  higher  than  «?.5T  were  predicted 
for  pressure  ratios  lower  than  the  5.1:1  design  value,  or  at  normalised  speeds 
higher  than  design.  These  trends  were  cause*!  by  a  nonoplimum  (i>»*lti\r) 
design  point  incidence  nt  the  lending  edge,  which  was  the  result  of  reducing 
the  rotor  Up  diameter.  Thla  compromise  was  desirable  to  reduce  rotor 
stresses  to  an  acceptable  level.  IT  the  turbine  had  been  designed  for  a  less 
hostile  environment,  the  design  |*>lnt  would  lie  closer  to  the  peak  efficiency 
point. 

Figure  53  shows  the  predicted  nozzle  flow  characteristics  ns  a  function  of  stage 
total  pressure  raUo.  The  normalized  flow  is  shown  to  Increase  with  pressure 
ratio  unUl  a  choked  condition  Is  reached.  The  turbine  design  point  lies  within 
the  choked  regime. 

Figure  54  presents  the  predicted  turbine  efficiency  as  a  funcUon  of  velocity 
ratio  and  stage  pressure  ratio.  The  turbine  design  point,  al  a  velocity  ratio 
of  0.G5,  lies  below  the  best  efficiency  point,  which  was  predicted  to  occur  at 
n  velocity  raUo  of  n|>proximatc!y  0.  h.  As  previously  discussed,  this  was  the 
result  of  compromising  the  aerodynamic  |>crformance  to  reduce  rotor  stresses 
to  a  manageable  level. 

Figure  55  presents  the  predicted  exit  swirl  angles  as  n  function  of  stage  total 
pressure  raUo  and  corrected  speed,  and  shows  that  the  turbine  was  designed 
for  zero  exit  swirl  at  the  design  |<olnt.  For  a  turbine  that  has  been  stress- 
limited  to  velocity  ratios  below  optimum  (such  as  the  present  design), some 
increase  in  rotor  efficiency  might  result  from  designing  U  r  a  modest  counter 
swirl  at  the  exit  (l.c. .  opposite  lo  turbine  rotation),  which  would  reduce  the 
rotor  aerodynamic  loading.  However,  aero  exit  swirl  was  selected  to 
demonatrnt  •  performance  under  (he  moat  severe  conditions  that  would  be 
expected  in  an  engine  design,  and  to  avoid  any  Implication  that  the  performance 
waa  dependent  upon  a  specially  favorable  exhauat  ayatem. 


Figure  56  shows  the  normalized  enthalpy  drop  as  a  function  of  pressure  ratio 
and  corrected  speed.  This  curve  was  compiled  from  the  efficiency  predictions 
in  Figure  52  and  the  isentropic  enthalpy  available  to  the  stage.  The  constant 
N.Vfe  trends  are  characteristic  of  radial  turbines.  Likewise,  the  normalized 
torque  curves  presented  in  Figure  57  have  been  derived  from  the  predicted  work 
per  pound  of  air  (Figure  56)  and  the  predicted  flow  characteristics  (Figure  53). 
The  torque  trends  shown  are  typical  of  radial  turbines. 

Figure  58  presents  a  universal  performance  map  which  has  been  compiled  from 
the  performance  characteristics  of  Figures  52  through  57.  This  map  indicates 
that  the  maximum  efficiency  "island"  (92%)  is  not  yet  closed,  and  the  peak 
efficiency  may  occur  at  a  pressure  ratio  higher  than  6. 


PHASE  II,  TASK  2  - 

CASTING  DEVELOPMENT  AND  FABRICATION  OF  HOT  TURBINE 


TASK  SUMMARY 

This  task  consisted  of  effort  in  two  categories: 

1.  Development  of  rotor  casting  techniques 

2.  Fabrication  of  hot  test  hardware 

The  casting  development  program  was  added  to  this  task  after  the  Phase  I  Fabri¬ 
cation  Study  showed  low  material  properties  in  experimental  rotors  cast  by  con¬ 
ventional  investment  techniques.  Two  types  of  rotors  were  evaluated  in  the 
development  program:  (1)  bicast  rotors  and  (2)  integrally  cast  rotors  similar  to 
those  made  in  Phase  I  except  in  the  final  design  configuration.  Experimental 
evaluation  included  both  metallographic  inspection  and  destructive  spin  testing. 

Results  from  this  task  showed  advantages  for  both  the  bicast  and  integral  cast 
techniques, but  neither  process  could  produce  a  rotor  to  meet  all  design  specifi¬ 
cations.  All  rotors  tested  in  Task  3  were  made  by  the  bicasting  process. 


BACKGROUND 

During  Phase  I  of  the  program,  three  investment  casting  vendors  experimented 
with  trial  rotors  in  an  effort  to  define  the  fabrication  problems  that  would  be 
experienced  later.  The  trial  rotors  were  integral  castings  of  IN100  (PWA  658), 
the  material  selected  for  the  rotor  design.  Most  of  the  samples  were  11-in.  -diam¬ 
eter  rotors  with  0. 020-in.  -thick  blade  walls  at  the  leading  edge.  (A  typical  sample 
rotor  is  shown  in  Figure  59. )  Early  rotors  showed  casting  deficiencies,  such  as 
failure  to  fill  blade  tips,  core  breakage,  and  shrinkage.  Later  castings  were  im¬ 
proved  in  these  respects,  but  the  results  from  metallurgical  tests  were  disappoint¬ 
ing.  Table  II  presents  a  summary  of  results  from  these  tests,  which  indicated  low 
creep-rupture  life  and  ductility  (elongation)  and  unacceptable  scatter  in  all  proper¬ 
ties.  These  problems  were  believed  to  be  caused  by  undesirable  grain  formation, 
which  was  difficult  to  control  because  of  the  different  cooling  rates  of  the  thin 
blades  and  the  thick  hub  section. 

To  operate  at  design  conditions  with  a  reasonable  burst  margin,  the  minimum 
rotor  properties  had  to  meet  the  PWA  material  specifications.  The  trial  rotors 
did  not  meet  these  specifications,  and  in  Phase  II  the  radial  turbine  contract  was 
modified  to  add  a  casting  development  effort  to  the  basic  program. 
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TABLE  II.  SUMMARY  OF  METALLURGICAL  TEST  RESULTS 


Property 

Range  of  Data 

Average 

Value 

PWA  658 
Min  Spec 

Yield  Strength,  psi 

0  to  118,000 

93,000 

95,000 

Ultimate  Strength, 
psi 

100,000  to  132,000 

122,000 

115, 000 

Tensile 

Elongation,  % 

0  to  11 

4 

5 

C  reep-Rupture 

Life  (1400°F),  hr 

0  to  36 

14 

23 

Elongation  Prior 
to  Rupture 
(1400  °F),  % 

0  to  3.  3 

1.2 

2 

PHASE  II  CASTING  DEVELOPMENT  PROGRAM 

The  Phase  II  casting  development  program  was  planned  as  a  dual  approach  in  which 
both  integral-cast  and  bicast  rotors  were  to  be  evaluated.  Bicasting  represented 
a  departure  from  normal  casting  practice  in  that  the  blades  were  cast  individually 
and  then  a  hub  of  the  same  material  was  cast  onto  the  blades.  The  potential 
advantages  of  a  successful  bicasting  process  over  the  more  conventional  integral¬ 
casting  technique  are  significant.  With  individually  cast  blades,  inspection  of  the 
blade  passage  is  simplified,  and  the  yield  factor  is  increased  since  the  loss  of 
one  blade  does  not  require  the  rejection  of  other  undamaged  blades,  as  is  the  case 
with  integrally  cast  parts.  In  addition,  bicasting  offers  a  potential  solution  to  the 
differential  cooling  problem  of  the  integral  rotor:  the  blades  and  the  hub  can  be 
poured  under  different  conditions  to  achieve  desirable  grain  formation  in  both 
types  of  parts. 


Bicasting  Experience 

The  first  bicast  pieces  to  be  metallurgically  evaluated  were  rectangular  test  bars, 
8  by  2  by  5/8  in.  Two  different  types  of  bicast  joints  were  made:  a  simple  butt 
joint  (Figure  60)  and  a  chevron  joint  (Figure  61).  Both  of  these  joints  were 
similar  in  appearance,  indicating  that  the  chevron  "tang"  had  lost  its  identity  in 
the  remelted  zone.  Tensile  and  creep-rupture  data  from  17  test  bars  were 
encouraging  (Tables  in  and  IV)  and  indicated  that  PWA  658  (IN100)  specification 
properties  were  available  with  a  satisfactory  degree  of  repeatability. 

The  second  type  of  test  specimen  to  be  evaluated  was  taken  from  an  uncored 
(solid  blade)  rotor  section.  Figure  62  shows  a  cross  section  of  this  part.  Along 
the  original  platform  base  (shown  by  the  dotted  lines),  a  good  metallurgical  bond 
appeared  to  exist  in  the  radial  direction.  In  the  shallow  slotted  areas  along  the 
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sides  of  the  platform,  there  appeared  to  be  no  metallurgical  bonding.  (Figure  63 
shows  an  individual  blade  with  the  slots  along  the  platform  sides;  these  depressions 
were  intended  to  give  some  mechanical  bond  in  the  absence  of  any  metallurgical 
bond. ) 

Two  specimens  were  taken  from  the  blade  centerline  of  the  rotor  shown  in 
Figure  62  so  that  the  original  blade  platform  surface  was  located  in  the  gage 
length  of  the  metallurgical  test  specimen  (Figure  64).  One  of  these  specimens 
was  tested  for  tensile  properties,  the  other  for  creep- rupture  properties.  In 
both  eases,  the  experimental  properties  were  acceptable.  (See  Tables  III  and  IV.) 
These  data,  in  conjunction  with  the  test  bar  data  previously  generated,  indicated 
that  the  bicasting  process  had  the  potential  to  produce  rotors  with  design  material 
properties. 

During  Phase  II  of  the  program,  a  bicast  solid  blade  rotor  was  being  used  to 
verify  a  redesigned  spin  arbor  when  the  rotor  failed  at  76,400  rpm.  This  single 
point  was  the  only  burst  data  for  bicast  rotors  resulting  from  this  task,  since  the 
rotors  originally  intended  for  spin  test  were  used  to  replace  rotors  damaged  in 
rig  tests.  Stress  analysis  had  predicted  a  burst  speed  of  82,660  rpm  for  a  solid 
blade  rotor,  which  implied  that  the  effective  strength  of  the  fractured  rotor  was 
about  15%  below  design.  Inspection  of  the  rotor  fragments  (Figure  65)  indicated 
that  there  was  incomplete  metallurgical  bonding  in  the  circumferential  direction. 

It  was  concluded  that  this  was  the  primary  cause  of  the  reduced  burst  strength. 

The  production  advantages  of  the  bicast  process  were  verified  during  the  fabri¬ 
cation  of  four  air-cooled  rotors.  In  the  final  batch  of  blades  cast  for  this  pro¬ 
gram,  a  yield  of  24  good  blades  from  a  total  of  30  blades  was  achieved.  Also, 
inspection  of  individual  blades  for  core  position  and  core  integrity  was  consider¬ 
ably  easier  than  conducting  the  same  inspection  for  a  complete  rotor  assembly. 

During  the  preparation  of  the  bicast  rotors  for  rig  testing,  conventional  inspection 
techniques  did  not  reveal  the  incomplete  metallurgical  bonding  in  the  rotors. 

Both  X-ray  and  Zyglo  (fluorescent  penetrant)  inspections  were  used  on  the  test 
rotors,  and  neither  method  revealed  the  unbonded  areas  between  blades,  it  was 
later  concluded  that  the  incomplete  blade/hub  bond  was  responsible  for  some  of 
the  spin-testing  difficulties  that  were  encountered  during  proof  spin  tests  and 
destructive  spin  tests.  These  difficulties  consisted  of  an  apparent  instability  (at 
speeds  in  the  35,000  to  55,000  rpm  range)  such  as  would  be  expected  from  an  out- 
of-balance  part.  (Shaft  movement  was  observed  through  an  oscilloscope  presen¬ 
tation  of  two  electromagnetic  proximity  probes  located  at  right  angles  to  each 
other. )  After  the  bonding  problem  was  established,  it  was  concluded  that  the 
blades  were  deflecting  unsymmetrically  during  rotation,  causing  the  out-of¬ 
balance  condition  observed  on  the  oscilloscope. 

On  the  basis  of  the  bicasting  experience  in  Phase  n,  it  was  concluded  that  the 
process  offers  significant  advantages  in  the  production  of  geometrically  correct 
air-cooled  radial  turbine  rotors,  but  additional  development  is  required  to  solve 
the  incomplete  bonding  problem.  It  was  also  concluded  that  new  inspection 
techniques  are  needed  to  detect  incomplete  blade-to-hub  bonds. 
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TABLE  IV.  TEST  RESULTS  FROM  BICAST  TENSILE  SPECIMENS 


Integral  Casting  Experience 


During  the  casting  development  program,  four  integral  rotors  were  fabricated. 
The  first  two  rotors  were  uncored,  and  the  latter  two  were  cored.  Figure  66 
shows  typical  grain  patterns  in  an  uncored  rotor.  In  general,  the  long  axially 
oriented  grains  in  the  blade  section  shown  in  Figure  66  are  undesirable  for  a 
radially  stressed  part  such  as  this  turbine  rotor. 

Hub  shrinkage  was  the  primary  problem  with  the  first  solid-blade  rotor 
(Figure  67).  The  shrinkage  problem  was  resolved  on  the  second  solid  rotor,  and 
the  casting  vendor  proceeded  to  the  cored  rotor  configurations.  On  the  first 
cored  rotor  attempt,  the  blade  tips  failed  to  fill  completely,  indicating  that  the 
pour  temperature  was  too  low.  No  core  breakage  was  experienced  on  this  rotor, 
but  some  cere  shift  was  observed  on  several  blades.  In  the  second  cored  rotor 
attempt,  a  higher  pour  temperature  was  used.  Improvement  was  noted  in  the  tip- 
fill  problem,  although  some  blades  still  failed  to  fill.  One  core  was  broken,  and 
the  missing  portion  of  the  core  was  located  in  the  hub  near  the  surface.  This 
part  was  salvaged  as  a  spin-test  specimen  (Figure  68)  by  machining  away  the 
broken  core  and  filling  the  void  with  weld-deposited  Hastelloy-W  material.  The 
incomplete  blade  tips  were  also  weld- repaired,  and  the  part  was  spin-tested  to 
destruction.  Burst  occurred  at  88,660  rpm,  and  growth  measurements  taken  at 
intermediate  speeds  showed  acceptable  ductility.  Predicted  burst  speed  for  this 
type  of  rotor  (cored)  was  86,  200  rpm,  indicating  that  the  integral  rotor  was 
capable  of  producing  design  material  properties. 

Because  of  contract  limitations,  the  integral  casting  development  effort  was 
stopped  after  the  destructive  spin-test.  In  the  present  state  of  development,  the 
burst  strength  of  the  integral  rotor  appears  acceptable,  but  the  problems  of  high 
scrap  rate,  incomplete  tip  fill,  and  core  shift  and  breakage  remain. 

FABRICATION  OF  TURBINE  NOZZLES  AND  ROTORS 


Three  nozzle  sections  and  four  rotors  were  fabricated  for  testing  in  Phase  II, 

Task  3.  The  following  paragraphs  describe  the  procedures  developed  to  solve 
unusual  fabrication  problems  that  arose  from  either  the  complexity  of  the  design 
or  the  problems  associated  with  welding  IN100,  which  is  generally  regarded  as  an 
unweldable  material.  Figure  69  shows  cracks  in  a  typical  weld  on  IN100. 

The  integral  nozzle  casting  (shown  after  machining  in  Figure  70)  presented  some 
fabrication  problems  during  early  casting  trials.  These  problems  were  primarily 
shrinkage  and  cracking  in  tne  thin  trailing  edges  of  the  airfoils.  These  problems 
were  solved  in  a  reasonable  development  period  by  adjusting  conventional  invest¬ 
ment  casting  parameters,  such  as  mold  preheat,  pouring  temperature,  and  gating 
design.  The  platforms  and  attachment  areas  of  the  nozzle  were  machined  after 
casting  to  remove  approximately  0.060-in.  machining  stock.  On  the  gas-patl 
surfaces,  the  only  machining  required  was  a  hand-blending  operation  on  the 
pressure  side  of  the  airfoil  trailing  edges.  This  operation  was  necessary  to 
achieve  uniformity  of  the  20  throat  areas. 

The  cooling  inserts,  which  were  also  IN100,  were  cast  without  cooling  air  holes. 
The  holes  were  later  machined  by  multiple  electro-discharge  electrodes  as  shown 
in  Figure  71. 


Attachment  of  the  inserts  into  the  nozzle  airfoils  was  accomplished  with  a  nickel- 
base  braze  (Coast  Metals  No.  50).  Prior  to  brazing,  the  parts  were  nickel-plated 
on  the  mating  surfaces  (nominally  0.  006-in.  plating  on  the  insert,  0.0013-in.  on 
the  nozzle  casting).  This  plating  was  found  to  be  necessary  to  obtain  a  satis¬ 
factory  braze  joint.  The  brazing  process  is  described  in  detail  in  Appendix  I. 

The  final  step  in  the  preparation  of  a  nozzle  casting  for  test  was  the  welding  of 
heat  shields  and  sheet  metal  transition  ducts  to  the  nozzle  casting.  A  nozzle 
assembly  is  shown  in  Figure  72,  complete  with  test  instrumentation. 

Like  the  nozzle  section,  the  turbine  rotors  were  cast  with  finished  dimensions  on 
the  gas-path  side  and  a  minimum  of  0. 060-in.  machining  stock  on  the  other  sur¬ 
faces.  Referring  to  Figui’e  20,  the  profile  behind  the  rotor  flange  was  machined 
on  a  lathe  using  a  template  and  follower.  The  internal  passages  were  then  filled 
with  wax,  and  the  area  between  the  blades  was  filled  with  a  low  temperature 
bismuth-lead  eutectic  (Cerrobend).  The  15-deg  angle  cone  in  the  hub  and  the 
0.  590-in.-diameter  bore  were  machined  on  a  lathe.  The  lathe  was  also  used  to 
machine  the  OD  of  the  blade  tips  and  the  blade  contour  using  a  template.  The 
0.  295-in.-diameter  bore  in  the  small  end  of  the  hub  was  machined  in  jig  bore. 

Both  the  0.  590-  and  0.  295-in.  diameters  were  ground  to  the  finished  dimensions 
to  eliminate  any  roughness  in  the  bore  that  might  create  undesirable  stress 
concentrations.  On  the  fourth  and  last  rotor  machined,  some  blade  tips  were 
slightly  deformed  while  machining  the  OD.  For  this  reason,  the  blade  cooling 
cavities  should  be  filled  with  the  eutectic,  instead  of  wax,  during  the  blade  profile 
machining  operation. 

Welding  was  required  to  close  the  core  support  holes  on  the  turbine  back  side  and 
at  the  blade  tips  (Figure  73).  For  the  rear  core  support  holes,  a  counter-bore  of 
0. 312-in.  diameter  by  0. 060-in.  depth  was  machined  prior  to  depositing 
Nichrome  V  weld  material  to  close  the  hole.  The  same  weld  material  was  used 
to  close  the  blade  tips.  After  welding,  the  rotors  were  given  a  10-hr,  2000 °F 
stress-relieving  heat  treatment  in  a  hydrogen  atmosphere. 

Prior  to  the  third  turbine  build,  a  welding  procedure  was  developed  to  improve 
the  blade-to-hub  circumferential  bonding  at  the  blade  roots  and  increase  hoop 
strength.  (The  incomplete  bonding  problem  became  apparent  after  the  destruction 
of  a  bicast  rotor  in  the  spin  pit;  see  previous  discussion  under  this  task. )  This 
procedure  consisted  of  machining  a  0. 150-in. -deep  by  0. 150-in.- wide  welding 
groove  between  the  blades  in  the  star  portion  of  the  rotor.  A  similar  groove  was 
machined  on  the  back  side  of  the  rotor,  along  the  original  blade  platform  surface. 
Pie-shaped  sections  of  a  scrap  rotor  were  used  to  make  trial  welds.  The  welding 
grooves  were  machined  into  these  sections  and  trial  welds  were  made  with 
Hastelloy  W  and  Nichrome  V.  The  trial  welds  were  sectioned  and  inspected  under 
a  microscope  for  cracks.  In  this  welding  operation,  Hastelloy  W  produced  better 
trial  welds  than  Nichrome  V.  Hastelloy  W  was  therefore  used  to  fill  the  grooves 
(Figures  74  and  75).  The  last  two  bicast  rotors  (tested  in  Builds  3  and  4)  incor¬ 
porated  this  welding  procedure. 

Fabrication  of  the  rotor  was  completed  by  electro-discharge  machining  two 
0.020-in.-diameter  tip  bleed  holes  (shown  in  Figure  71)  and  one  0. 156-in.- 
diameter  cooling  air  inlet  hole  for  each  blade  as  shown  in  Figure  76. 
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After  machining,  each  rotor  was  returned  to  the  casting  vendor  for  removal  of 
residual  core  material,  which  tended  to  remain  in  certain  areas  of  the  cooling 
cavity. 

The  final  operation  in  the  preparation  of  rotors  for  test  consisted  of  balancing  and 
spin-testing  to  110%  of  the  anticipated  rig  operating  speed.  Details  of  the  balance 
and  spin  procedures  are  given  in  Appendix  n. 
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PHASE  II.  TASK  3  -  HOT  TESTING 


TASK  SUMMARY 

Burner  tests  and  turbine  tests  were  conducted  under  this  task.  The  burner  tests 
were  conducted  to  achieve  an  acceptable  temperature  distribution  and  to  determine 
combustion  efficiency.  After  10  burner  tests,  the  objectives  of  the  combustor  pro¬ 
gram  were  satisfied  and  turbine  testing  was  started.  The  turbine  testing  was  orig¬ 
inally  scheduled  for  10  builds  and  tests  with  the  objective  of  obtaining  performance 
data  at  various  conditions  up  to  and  including  design  conditions.  Because  of  rotor 
fabrication  problems  (see  previous  section)  and  contract  limitations,  the  turbine 
test  program  was  foreshortened  to  4  builds  and  tests.  Performance  data  showed 
some  scatter,  and  indicated  that  turbine  efficiencies  were  approximately  0.  8  point 
below  to  2.  3  points  above  the  predicted  values  (87.  5%  efficiency,  AH/0  of  41.3 
Btu/lb  at  design  point).  It  was  concluded  that  the  measured  performance  levels  of 
the  radial  turbine  were  high  enough  to  substantiate  its  potential  for  application  in 
advanced  small  gas  turbine  engines. 


TURBINE  AND  BURNER  TEST  K1G 

The  contractor-furnished  test  rig  that  was  used  in  the  turbine  nnd  burner  test  pro¬ 
grams  is  shown  in  Figures  77  and  78.  The  turbine  test  rig  wns  a  supercharged 
gas  generator  that  duplicated  the  turbine  environment  of  the  hypothetical  engine 
(257.  5  psia  and  2300°F  at  the  turbine  inlet).  Pressurized  inlet  air  was  supplied  by 
compressor  bleed  air  taken  from  a  facility  gas  turbine  engine.  Key  design  features 
of  the  turbine  test  rig  included  the  following: 

1.  Adjustable  brake  (compressor)  inlet  guide  vanes  (IGV) 

2.  Single-stage  centrifugal  compressor 

3.  Pipe  diffusers  (two  designs  with  different  numbers  of  diffusers) 

4.  Bleed  air  discharge 

5.  High-tcmpcraturc  burner 

G.  Oil-cooled  and  -lubricated  bearing  package  with  film  damping 

7.  Integrally  cost,  air-cooled  nozzle  vanes 

8.  Cast,  air-cooled  turbine  rotor 

9.  Air-cooled  shroud  and  backplale 

In  operation,  the  broke  was  designed  to  serve  two  purposes:  it  absorbed  the 
power  generated  by  the  turbine  and  it  raised  the  pressure  of  the  inlet  air  (90  psia) 
to  the  hypothetical  engine  compressor  discharge  pressure  (257.  5  psia).  It  was 
designed  to  accept  approximately  twice  as  much  air  as  the  turbine  design  flow 
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(nominally  5  Ib/scc).  The  excess  air  discharged  through  the  bleed  air  line.  This 
feature  of  the  rig  design  provided  an  increased  range  of  turbine  test  data  as  com¬ 
pared  to  a  design  in  which  the  compressor  and  turhinr  airflow  rates  are  equal. 

The  adjustable  brake  IGV's  and  the  two  pipe  difTuser  designs  were  required  to  uti¬ 
lize  the  wide  range  of  test  conditions  (mode  possible  b>  the  bleed  air  »;»teui)  with¬ 
out  operating  the  brake  in  surge  conditions. 

The  basis  of  the  burner  design  was  the  L'ACL  I*T*»  flame  tubr  and  fuel  s>stcm.  To 
this  were  added  a  sheet  metal  duct  that  ct'ahllshcd  the  proper  gas  flow  |>alh  for 
efficient  burner  operation  and  a  transition  piece  to  turn  the  hot  gases  in  a  radially 
inward  direction.  The  outer  shell  of  the  rig  supported  the  entire  test  assembly. 

To  operate  the  high-speed  (07,000  rpm)  bearing  system  in  a  high-temperature 
environment,  it  was  necessary  to  provide  app.rec table  cooling  within  the  bearing 
package.  This  was  accomplished  by  designing  a  cylindrical  cooling-oil  flow  path 
that  enveloped  the  bearing  assembly  and  maintained  acceptable  temperatures  in 
this  area.  Oil-film  damping  was  provided  at  the  brake  hearing  to  damp  mil  the 
first  two  critical  speeds  (approximately  10,000  ami  23,‘»oo  rpm),  which  were 
passed  through  in  accelerating  to  design  speed. 

Primary  control  of  the  rig  was  achieved  with  a  PTC  fuel  control  and  a  bleed  air 
control  valve.  Secondary  control  points  were  the  adjustable  brake  IGV's  and  a  tur¬ 
bine  backpressure  control  valve.  Turbine  power  was  determined  from  the  calcu¬ 
lated  compressor  work,  corrected  for  bearing,  windage,  and  rotor  (lumping 
losses. 

In  the  burner  test  configuration  (Figure  78),  the  turbine  rotating  assombi)  was 
replaced  by  a  temperature /pressure  traversing  probe  assembly,  which  was  used 
to  measure  total  temperature  and  total  pressure  at  the  nozzle  leading  etfcu.  An 
Indexinp  gearbox  was  used  to  advance  the  probes  in  equal  circumferential  incre¬ 
ments,  and  multiple  probes  located  at  different  axial  positions  provided  spanwlse 
temperature  data. 


BUHNER  TESTING 


Burner  Test  Facility 

External  views  of  the  assembled  burner  rig  are  presented  in  Figures  79  and  80,  and 
Figur*  81  shows  the  burner  teat  rig  installed  on  the  test  stand. 

The  test  facility  for  the*  burner  test  program  is  shown  schematically  in  Figure  92. 
Big  inlet  air  was  supplied  by  a  JT3  (J 57)  facility  engine  at  flow  rates  up  to  4  Ib/scc 
and  pressures  up  to  90  (Mia  during  the  burner  tests. 

Big  cooling  air  was  supplied  from  a  350-psia  facility  air  supply.  After  passing 
through  an  air  dryer,  the  cooling  air  waa  metered  to  the  rig  by  automatic  control¬ 
lers,  which  maintained  a  constant  pressure  differential  across  the  backplatc  and 
shroud.  Fuel  nozzle  cooling  air  waa  supplied  by  the  same  source  and  controlled 
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by  means  of  a  pressure  regulator.  An  automatic  abort  system  was  installed  to 
shut  off  fuel  flow  to  the  rig  in  the  event  that  cooling  air  pressure  dropped  below  a 
preselected  pressure  level. 

Fuel  flow  to  the  rig  was  delivered  by  a  UACL  PT6  fuel  pump  and  control  unit.  The 
control  pressure  signal  for  the  fuel  control  originated  in  the  burner.  This  system 
provided  a  nearly  constant  fuel-air  ratio  for  small  changes  in  the  rig  air  supply. 

An  automatic  overtemperature  abort  system  wras  installed  that  sensed  burner  exit 
te  mperature  through  three  platinum/platinum-rhodium  aspirated  thermocouples. 
This  system  aborted  the  rig  in  a  fuel-off,  air-on  mode. 


Burner  Test  Rig  Instrumentation 

At  low  temperature  locations  throughout  the  burner  rig,  all  of  the  presst&eand 
temperature  measurements  were  taken ’with  conventional  instrumentation!?}^  the 
higher  temperature  locations,  between  burner  exit  and  turbine  exhaust,  special 
instrumentation  in  the  form  of  a  traversing  probe  assembly  and  an  automatic  trav¬ 
ersing  mechanism  was  designed  and  fabricated  for  these  tests.  Figure  83*fcows 
a  typical  total  temperature /total  pressure  probe.  The  probe  assembly  conjBstcd  of 
two  platinum  tubes  (to  withstand  high  temperatures)  welded  together.  The  aspi¬ 
rated  thermocouple  was  designed  to  enclose  the  thermocouple  assembly  with  an 
inner  tube  having  metal  temperatures  approximately  equal  to  mainstream  gas  tem¬ 
peratures,  thus  reducing  radiation  errors  to  a  negligible  value.  Figure  84  shows 
the  three-probe  assembly  as  used  in  the  burner  tests;  Figure  85  shows  the  span- 
wise  spacing  of  the  probes.  The  traversing  assembly  in  the  burner  test  rig  is 
shown  in  Figure  86. 

The  traversing  assembly  was  actuated  by  a  specially  designed  actuator  shown  in 
Figure  87.  This  actuator  was  an  indexing  gearbox  that  could  be  stepped  manually 
or  automatically  at  angular  intervals  as  small  as  1.5  deg.  During  the  burner  tests, 
a  3-deg  interval  was  used  to  record  circumferential  temperature  data. 

Figure  88  shows  the  locations  of  the  basic  instrumentation  used  to  measure  burner 
performance. 


Burner  Performance  Calculations 

The  burner  performance  was  evaluated  in  terms  of  two  basic  parameters,  delta 
temperature  variation  ratio  ( ATVR)  and  combustion  efficiency.  ATVR  is  defined 
in  the  list  of  symbols. 

The  average  gas  temperature  was  calculated  as  an  arithmetic  average  based  on 
temperature  readings  from  probes  located  at  25%,  50%,  and  75%  span  at  3-deg 
intervals  around  the  circumference.  The  midspan  reading  was  assumed  to  exist 
at  a  constant  value  from  25%  to  75%  span,  and  the  other  two  temperature  readings 
were  assumed  to  exist  at  constant  values  from  0%  to  25%  and  75%  to  100%  span. 
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The  second  basic  burner  performance  parameter,  combustion  efficiency,  was 
defined  as 


Measured  Temperature  Rise 
^  B  Ideal  Temperature  Rise 

where  Measured  Temperature  Rise  was  an  arithmetic  average  value  calculated 
from  traverse  data  at  the  burner  exit  and  from  fixed  burner  inlet  tem¬ 
perature  readings. 

Ideal  Temperature  Rise  was  determined  as  a  function  of  relative  humid¬ 
ity,  inlet  air  temperature,  fuel-air  ratio,  and  the  lower  heating  value 
of  the  fuel.  Figure  89  shows  the  ideal  temperature  rise  for  dry  air  and 
aviation  gasoline.  This  value  was  corrected  (lowered)  to  account  for 
the  energy  required  to  raise  the  temperature  of  the  water  vapor  fraction 
(determined  from  relative  humidity  readings)  from  burner  inlet  tem- 
^  perature  to  the  final  burner  exit  temperature. 

V 

Burger  Tests 

Ten  burner  assemblies  were  evaluated,  and  the  results  of  these  tests  are  sum¬ 
marized  in  Table  V  and  Appendix  III.  The  initial  burner  configuration  tested  con¬ 
sisted  of  a  PT6  flame  tube  design  that  had  been  modified  with  increased  wall 
thickness  (to  extend  durability)  and  with  decreased  hole  area  (to  restore  design 
pressure  drop  at  high  burner  pressure).  This  burner  was  tested  with  unheated 
inlet  air  (110°  to  150°F)  and  JP5  fuel.  Excessive  carbon  deposits  were  experienced 
with  the  first  and  the  subsequent  three  builds  (Figure  90),  even  though  the  hole 
pattern  was  modified  to  increase  the  airflow  to  the  areas  of  carbon  formation.  For 
the  fifth  and  sixth  builds,  the  fuel  was  changed  from  JP5  to  JP7,  and  a  standard 
thin-wall  PT6  burner  (including  standard  PT6  hole  area)  was  used  in  lieu  of  the 
original  heavy-wall  burner,  which  had  become  distorted.  In  addition,  a  facility 
preheater  was  installed  in  the  inlet  line,  and  the  inlet  air  temperature  was  raised 
above  350°F  for  the  fifth  and  all  subsequent  tests.  Results  from  the  fifth  build 
showed  a  modest  improvement  in  the  temperature  pattern,  but  the  carbon  forma¬ 
tion  was  still  unacceptable  (Figure  91).  For  the  seventh  build,  aviation  gasoline 
was  substituted  for  JP7,  and  the  carbon  formation  problem  was  solved  (Fig¬ 
ure  92).  In  addition,  the  temperature  pattern  was  improved.  It  was  concluded 
that  aviation  gasoline  should  be  used  for  subsequent  burner  tests  and  for  the  hot 
turbine  testing.  Build  8  incorporated  a  modified  hole  pattern,  and  two  tests  were 
conducted:  one  with  bleed  flow  and  one  without  bleed  flow.  Although  the  temperature 
patterns  in  both  cases  were  distorted  by  a  plugged  fuel  nozzle,  the  patterns  were 
essentially  unchanged.  It  was  concluded  that  the  temperature  distribution  was  not 
affected  by  changes  in  the  bleed  airflow.  Build  9  used  the  Build  8  hole  pattern  and 
a  new  set  of  fuel  nozzles,  and  the  temperature  pattern  achieved  (ATVR  =  1. 14) 
surpassed  the  goal  (ATVR  -  1.  2).  Figure  93  shows  the  Build  9  hole  pattern,  and 
the  measured  temperature  distribution  is  included  in  Appendix  III.  For  Build  10, 
a  heavy-wall  burner  (0.  029  in.  instead  of  0.  017  in.  for  standard  PT6  engine  flame 
tube)  was  fabricated  with  the  Build  9  hole  pattern  and  tested  under  nearly  identical 
conditions.  Unaccountably,  Build  10  results  showed  a  lower  quality  temperature 
pattern,  and  it  was  concluded  that  the  thin-wall  burner  should  be  used  for  the 
turbine  tests. 


/ 
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The  calculated  combustion  efficiency  was  over  100%  for  nearly  every  burner  test 
(Table  V).  This  discrepancy,  which  is  common  in  burner  testing,  was  attributed 
to  sampling  errors  (radiation  errors  in  an  aspirating  probe  of  the  type  used  are 
negligible). 


TURBINE  TESTING 
Thrbine  Test  Facility 

Figures  94  and  95  show  front  and  rear  views,  respectively,  of  the  turbine  test  rig 
installed  in  the  test  facility. 

A  schematic  of  the  turbine  test  facility  is  presented  in  Figure  96.  Like  the  burner 
test  configuration,  air  was  supplied  to  the  turbine  test  rig  by  bleed  air  from  a  JT3 
(J57)  facility  engine.  Lubricating  oil  was  delivered  to  the  front  (brake)  and  rear 
(turbine)  bearings  by  electric  motor-driven  facility  pumps.  A  small  heat 
exchanger  was  used  to  maintain  the  proper  operating  temperature.  Oil  was  also 
circulated  through  a  jacket  surrounding  the  bearing  package  for  cooling  the  area. 
During  Builds  1  ami  2, oil  was  scavenged  from  the  bearing  compartment  by  high- 
capacity  gear  pumps.  However,  the  scavenge  pumps  were  unable  to  depress  the 
bearing  cavity  pressure  to  the  specified  level  (10  psia)  and  they  were  replaced  by 
a  steam  ejector  system  for  Builds  3  and  4.  Cooling  air  and  seal  air  were  supplied 
from  a  35u-pslg  facility  air  supply.  The  backplatc  and  shroud  cooling  airflows 
were  set  by  automatic  control  valves  that  maintained  a  selected  delta  pressure* 
inside  the  rig.  The  turbine  rotor  and  fuel  nozzle  cooling  airflows  were  set 
manually. 

Fuel  flow  (avinlion  gasoline)  was  provided  by  the  PIT.  fuel  pump  ami  control,  which 
was  operated  w  ith  a  control  pressure  taken  from  the  rig  at  the  burner  inlet  and 
regulated  by  a  manually  controlled,  variable  area  orifice. 

In  addition  to  the  fuel  control,  three  other  control  modes  were  provided  for  adjust¬ 
ing  the  rig  operating  point:  (1)  a  motorized  butterfly  valve  in  the  inlet  air  line, 

(2)  a  motorized  butterfly  valve  in  the  exhaust  line,  ami  (3)  a  pneumatically  o|M*rnIcd 
control  valve  In  the  rig  bleed  line. 

The  hearing  axial  thrust  loading  was  controlled  by  adjusting  the  pressure  in  a 
plenum  liehlnd  the  brake  impeller.  A  bleed  valve  for  decreasing  the  plenum  pres¬ 
sure  and  a  control  valve  for  increasing  the  plenum  pressure  were  available  l«>  pro¬ 
vide  the  selected  thrust  load. 

Turbine  Instrumentation 

The  basic  Instrumentation  plan  for  the  turbine  tests  is  shown  in  Figure  97.  Con¬ 
ventional  stationary  instrumentation  was  used  throughout  the  system.  1  raversing 
instrumentation  at  the  turbine  exhaust  station  consisted  of  wedge-type  probes 
(figure  9S>  that  measured  static  pressure,  total  pressure,  and  total  temperature. 
These  probes  were  t-aversed  in  a  radial  direction  at  three  equally  spaced  circum¬ 
ferential  locations.  In  addition  to  moving  the  probes  in  a  radial  direction,  the  exit 
air  angle  was  measured  by  turning  the  probes  about  their  axes  until  the  sialic 
pressmen  on  l*oth  sides  of  the  probe  were  equalized. 
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Turbine  Performance  Calculations 


Turbine  performance  was  evaluated  primarily  as  turbine  efficiency,  defined  as 

_  Horsepower  Out  (corrected)  _  (Wcx  AHc/550)  +  HP  (parasitic) 
^T-T  ~  Isentropic  Horsepower  Available  (Wt,r  x  Hi(jea]/550) 

where  ^  =  Turbine  efficiency,  total-to-total. 

Wc  =  Measured  compressor  (brake)  airflow,  lb/sec, 

AHC  =  Total  enthalpy  rise  across  compressor,  ft-lb/lL,  based 
on  measured  temperatures  at  compressor  inlet  and 
discharge  stations. 

HP  (parasitic)  =  Horsepower  consumed  by  bearings,  windage,  and  cooling 
air  pumping  in  the  rotor. 

^cr  =  Kotor  inlet  flow  rate,  Ib/scc. 

All.  .  .  =  Total-to-total  isentropic  enthalpy  available,  ft-lb/lb, 

n  based  on  calculated  rotor  inlet  temperature,  measured 
vane  inlet  (burner)  pressure,  and  mass-a-  e raged  rotor 
exit  total  pressure  mensured  by  radiall)  traversing 
pressure  probes. 

This  definition  for  turbine  efficiency  takes  Into  account  the  work  potential  of  the 
vane  coolant  from  Its  point  of  entry  Into  the  mainstream,  and  the  use  of  vane  inlet 
pressure  accounts  for  the  pressure  drop  across  the  vane  section.  The  rotor  cool¬ 
ant  is  not  considered  in  this  definition  of  aerodynamic  efficiency;  it  would  appear 
os  a  penalty  in  overall  engine  cycle  calci  at  ions. 

As  part  of  the  data  analyses,  on  estimate  of  the  uncertainty  in  the  efficiency  calcu¬ 
lation  was  made  for  a  typical  data  point.  (Sec  Appendix  IV. )  Results  showed  that 
the  rotor  inlet  flow  rate  was  one  of  the  largest  contributors  to  the  <4.  5  efficiency 
I m>  1  nt  range  of  maximum  possible  error  that  would  reasonably  lx*  expected.  The 
normal  calculation  for  rotor  inlet  flow  rate,  involving  only  two  flow  measurements, 
is  shown  in  Figure  99.  An  alternate  calculation  for  rotor  inlet  flow  (Figure  99) 
required  the  use  of  five  measured  flow  rates,  and  was  therefore  inherently  less 
accurate  than  the  normal  calculation.  Most  of  the  flow  data  showed  good  agree¬ 
ment  (within  4%)  between  the  normal  and  alternate  flow  calculations,  but  in  some 
coses  there  was  a  discrepancy  of  10  lc  30*1.  In  those  instances,  one  or  the  other 
flow  calculation  was  selected  on  the  basis  of  a  comparison  with  predicted  noxrlc 
flow  rates.  The  predicted  flow  rates  provided  an  acceptable  check  on  measured 
flows,  especially  in  the  case  of  choked  conditions  at  the  noxrlc  throat. 

The  rotor  inlet  temperature  was  determined  by  calculating  the  turbine  inlet  lem- 
lierature  (TIT)  at  the  vane  inlet,  the  cooling  air  temperature  at  Its  point  of  entry , 
and  then  calculating  the  mixed  temperature  at  the  rotor  inlet.  TIT  was  determined 


by  starting  with  the  measured  gas  temperature  at  the  exhaust  orifice  and  calculat¬ 
ing  the  TIT  on  the  basis  of  measured  horsepower,  predicted  parasitic  losses,  and 
calculated  heat  loss  in  the  exhaust  pipe.  The  measured  temperature  at  the  exhaust 
station  was  corrected  for  the  cooling  effect  of  introducing  the  cooling  airflows  into 
the  main  gas  stream.  The  rotor  inlet  temperature  calculation  could  also  have  been 
based  on  the  mass-averaged  temperature  a3  measured  by  the  traversing  probes. 
(See  previous  subsection. )  However,  the  exhaust  orifice  temperature  provided  a 
more  accurate  indicator  of  exhaust  temperature.  This  point  is  illustrated  in  Fig¬ 
ure  100,  where  TIT's  based  on  the  orifice  temperature  showed  better  agreement 
with  measured  TIT's  (available  only  in  cold-flow  tests,  where  TIT  equals  brake 
discharge  temperature)  than  did  those  based  on  the  traversing  measurements. 


Efficiency  Corrections 


The  measured  turbine  efficiencies  from  Builds  3  and  4  were  corrected  for  the 
largcr-than-dcsign  rotor  clearances  used  in  those  builds.  The  data  used  to  deter¬ 
mine  the  clearance  corrections  were  taken  from  an  SAE  paper,  •  and  are  shown 
in  Figure  101. 

Other  available  data  indicated  higher  efficiency  corrections •♦,  but  the  data  shown 
in  Figure  101  were  selected  for  conservatism,  since  the  causes  of  the  large 
variation  in  reported  tip  clearance  effects  arc  at  present  not  understood. 

An  additional  correction  (increasing  efficiency)  for  lower-than-iiesign  Reynolds 
No.  could  be  justified.  However,  one  was  not  applied  because  it  was  a  relatively 
small  correction  (approximately  0.  4  efficiency  points  for  cold-flow  data,  0.  9  effi¬ 
ciency  points  for  hot-flow  data***)  and  the  applicability  of  published  data  might  In' 
questioned,  since  the  Reynolds  No.  effect  Is  an  empirical  relationship  that  depends 
on  design  factors  such  as  tip  clearance,  surface  diffusion,  anti  blade  loading. 

In  the  determination  of  predicted  efficiencies  for  comparison  with  experimental 
data,  corrections  were  a|>plied  to  the  pressure  ratio  and  normalised  sliced  (N/  9  ) 
to  account  for  the  difference  in  the  ratio  of  specific  heats  ami  the  geometric  dimen¬ 
sions  between  the  test  condllh  n  and  the  design  condition. 
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Build  1  Objectives 


The  test  objectives  of  Turbine  Build  1  were  (1)  to  establish  performance  charac¬ 
teristics  of  the  brake  and  to  determine  the  rig  characteristics  under  different  con¬ 
trol  modes  during  a  series  of  cold-flow  tests,  and  (2)  to  obtain  turbine  aerody¬ 
namic  performance  data  under  both  cold-  and  hot-flow  conditions. 


Build  1  Configuration 


The  turbine  test  rig  configuration  for  Build  1  was  the  same  as  that  previously 
shown  in  Figure  77  with  the  exception  that  the  slip  ring  was  not  used.  The  test 
stand  and  primary  instrumentation  were  previously  described  in  this  section. 


Build  1  Operational  Summary 


Approximately  23  hr  of  cold-flow  testing  were  accumulated  on  Turbine  Build  1, 

15  of  which  were  spent  in  establishing  rig  operating  procedures.  Turbine  traverse 
data  near  the  design  point  (cold)  were  obtained  during  the  other  8  hr  of  cold-flow 
testing. 

During  facility  checkout  .several  of  the  metal  iiellows  <>n  the  internal  air  and  oil 
service  lines  ru|Kurcd  and  were  replaced  with  spare  Iiellows  sections. 

Seven  hours  of  hot  testing  were  completed,  with  turbine  inlet  tcni|>cmlurcs  ranging 
front  almut  950°  to  20-15° F  and  rig  speeds  as  high  as  53,000  quit .  During  the 
30  hr  of  lest  time  accumulated  w  ith  Turbine  Build  1,  no  abrupt  changes  were  noted 
in  either  the  rig  operating  characteristics  or  in  the  recorded  performance  levels. 
After  a|>proximatc!y  3  hr  of  running  (cold  flow),  the  strain  gage  reading  from  the 
thrust-measuring  load  ring  was  lost.  Those  |>oints  were  significant  in  assessing 
the  pertinence  of  the  llulld  I  fierforntancc  data  (see  follow  ing  discussion).  For  the 
reittainier  of  the  test  4he  thrust  was  estimated  from  the  thrust  data  recorded  liefoiv 
the  strain  gage  failure.  Testing  was  terminated  when  the  turbine  lieuring  chip 
detector  gave  a  positive  indication  (Examination  of  the  chip  detector  showed 
numerous  metal  chips  (Figure  102)  in  the  liearing  lubrication  system, and  the  rig 
was  dismounted  and  disassembled. 

During  Build  I,  the  scavenge  fMiups  were  unable  to  depress  the  liearing  cavity 
pressure  to  the  desired  level  (10  psia),  and  the  tests  were-  conducted  at  a  higher 
pressure  level  The  net  effect  of  this  situation  was  an  increase  in  the  leakage 
rule  of  lab>rinth  seal  air  into  the  system. 


Build  I  Test  Itcsults  and  Conclusions  (Mechanical) 

!ns|icclion  of  the  rig  parts  showed  evidence  of  FuD  to  the  brake  impeller  and 
c  cpcciall)  in  the  vane  trailing  edge  and  rotor  leading  edge  regions.  The  turbine 
b-artng  showed  s|ialiing  of  the  lialls  and  races  (Figure  103). and  the-  instrumented 
load  spacer  was  buckled,  which  c  uld  account  for  the  loss  of  the  strain  gage  read 
mg  eurlt  in  the  cold-flow  testing  In  addition,  there  was  evidence  that  the  rotor 
had  ruMnd  lioth  the-  hackplatc  and  the  shroud. 
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Figures  104,  105,  and  106  show  FOD  at  the  brake  impeller,  turbine  vane  trailing 
edge,  and  turbine  rotor  leading  edge  and  tips,  respectively.  The  appearance  of  the 
damaged  parts  indicated  that  a  gradual  erosion  process  had  taken  place,  rather 
than  an  abrupt  catastrophic  failure.  This  observation,  in  conjunction  with  the 
operational  experience  (which  did  not  indicate  any  abrupt  changes  in  rig  behavior), 
led  to  the  conclusion  that  the  performance  data  were  recorded  after  the  erosion 
process  had  started. 

The  exact  cause  of  the  FOD  could  not  i>e  determined,  but  two  sources  were  pri¬ 
marily  suspected:  foreign  objects  in  the  inlet  air  line,  and  a  thrust  overload, 

W’hich  could  have  resulted  in  the  buckled  load  ring  in  the  bearing  package.  A  labo¬ 
ratory  analy  sis  of  particles  found  in  the  rig  matched  a  similar  analysts  of  particles 
taken  from  the  air  inlet  line.  The  primary  constituent  was  iron  oxide,  presumably- 
formed  in  the  carbon  steel  pipeline  between  the  rig  and  the  slave  engine.  The 
second  possible  cause  of  the  FOD  was  the  overstressed  load  ring  A  I  sickling 
failure  would  have  allowed  the  turbine  to  run  too  far  rearward  and  the  blade  end 
wall  would  have  rublied  the  backplatc.  This  rubbing  could  have  produced  enough 
metal  particles  to  start  the  erosion  process.  The  rolor-to-shroud  rubbing  was 
probably  caused  by  rotor  deflections  resulting  from  the  backplatc  rub  or  loss  of 
ludance  during  the  erosion  process.  Regardless  of  which  suspected  POD  source 
initiated  the*  damage,  it  was  concluded  that  the  erosion  process  started  early 
enough  to  invalidate  the  turbine  aerodynamic  performance  data  from  Build  I.  It 
was  also  concluded  that  the  lest  facility  und  test  rig  should  tie  modified  to  preclude 
a  recurrence  of  the  POD  ami  load  ring  failure  experienced  with  this  build. 


Build  1  Test  Results  and  Conclusions  (Aerodynamic  ) 

During  the  cold-flow  testing,  rig  operating  procedures  were  developed,  und  the 
surge  line  of  the  brake  w  ith  the  2G-ptpc  diffuser  and  inlet  guide  vanes  set  nl  0-deg 
prewhirl  was  established  for  use  in  later  turbine  tests  Data  from  this  testing  is 
shown  in  Figure  107. 

The'  data  accumulated  with  Build  1  at  pressure  ratios  ranging  from  II.  2-6.  1:1  indi¬ 
cated  that  measured  efficiencies  were  approximately  7  to  15  points  below  predicted 
(Figure  10b).  However,  in  view  of  the  evidence  that  the  erosion  damage  begnn 
early  in  the  testing,  it  was  toncluded  that  the  Build  I  acrodynamie  data  were  not 
representative  of  the  turbine  design 

Build  2  Objectives 

The  test  objective  of  Turbine  Build  2  was  to  obtain  turbine  ac rodynam ic  per¬ 
formance  data  under  both  hot-  and  cold-flow  conditions. 


Build  2  Configuration 

The  teat  rig  and  teat  facility  for  Build  2  incorporated  three  modifications.  Two 
of  the  modifications  were  directed  toward  prevention  of  POD  from  outside 
soirees:  (1)  50-p  screening  was  installed  in  the  rig  inlet  line  (Figure  'JO),  in  all 
cooling  air  lines,  and  in  the  rig  itself  just  upstream  of  the  burner  (Figure  101#); 
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and  (2)  the  instrumented  load  ring  was  redesigned  with  heavier  sections  to  pre¬ 
vent  buckling  (Figure  110).  The  third  modification  consisted  of  replacing  the 
bellows  sections  of  the  interval  service  lines  (air  and  oil)  with  heavier  metal 
bellows  to  prevent  recurrence  of  the  bellows  failure  that  had  been  experienced 
during  Build  1.  An  original  and  replacement  bellows  section  are  shown  in 
Figure  111.  The  slip  ring  was  not  used. 

Primary  instrumentation  for  Ruild  2  was  the  same  as  for  Build  1. 


Build  2  Operational  Summary 


The  performance  of  the  thrust-measuring  load  ring  was  again  troublesome. 

Prior  to  starting  rig  rotation,  the  strain  gage  signal  was  lost  and  the  problem 
was  diagnosed  ns  an  inaccessible  electrical  short  inside  the  rig.  It  was  decided 
to  continue  with  the  testing  of  Turbine  Build  2  using  a  manual  iculation  of 
residual  axial  thrust  based  on  measured  pressures  and  disk  r  ca. 

Shortlv  nfler  starting  rotation  of  Build  2.  high  vibration  levels  were  encountered 
at  a  rig  speed  of  .11,000  rpm  and  the  rig  was  immediately  shut  down,  (exami¬ 
nation  of  the  turbine  cxduccr  Indicated  that  a  rolor-tn-ahroud  rub  had  incurred, 
and  the  rig  wax  dismounted  and  disassembled. 

Scavenging  of  the  bearing  cavity  continued  to  lie  a  problem  even  though  additional 
scavenge  pumps  had  been  added  to  the  system. 


Build  2  Test  Results  and  Conclusions  (Mf  chan  leal) 


Inspection  of  the  rig  parts  showed  rub  damage  to  the  turbine  rotor  (Figure  112) 
and  turbine  shroud  (Figure  111).  Metal  particles  from  the  turbine  rub  were 
thrown  Into  the  vane  trailing  edge*  (Figure  114),  hut  the  Immediate  shutdown 
prevented  the  extensive  vane  damage  sustained  in  Turbine  Build  I.  After  Zyglo 
and  dimensional  lns|>ections  It  was  concluded  that  the  damaged  parts  could  tie 
salvaged  for  testing  In  Turbine  Build  1. 

The  cause  of  the  failure  was  attributed  to  a  reversal  of  the  axial  thrust  while 
accelerating  the  rig  to  the  first  operating  point.  The  turbine  I  tearing  was 
designed  as  an  <  ngutar  contact  tall  bearing,  which  can  only  take  axial  thrust 
In  one  direction.  An  axial  thrust  rover  ial  would  unload  the  bearing  and  allow 
the  turbine  rotor  ».*  move  downstream,  rulibtng  the  shroud.  It  was  conducted 
that  the  manual  calculation  of  thrust  was  not  adrquatr  for  rig  testing,  and  a 
(aster  backup  technique  would  be  required  for  subsequent  tests.  In  addition, 
the  unsatisfactory  performance  of  the  load  ring  indicated  that  additional  modi¬ 
fications  should  be  made  to  Improve  Its  reliability. 


Build  2  Test  Itesults  and  Conclusions  (Aerodynamic) 


The  turbine  rotor -to -shroud  rub  occurred  >*fore  any  arp>dynnmic  data  were 
recorded  therefore,  there  are  no  aerodynamic  |>crformanr«  data  from  Turbtno 
Build  2. 
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Build  3  Objectives 


The  test  objectives  of  Turbine  Build  3  were  (1)  to  obtain  aerodynamic  perform¬ 
ance  data  under  cold  and  hot  (up  to  1900*F)  flow  conditions  and  (2)  to  obtain  heat 
transfer  data  for  the  hot  section  parts:  turbine  rotor,  nozzle,  shroud,  and 
backplate. 

Build  3  Configuration 

The  test  facility  for  Build  3  was  the  same  as  for  Build  2.  Six  modifications 
were  made  to  the  test  rig  for  Build  3:  (1)  the  turbine  rotor  was  welded  at  the 
blade  roots;  (2)  turbine  rotor  running  clearances  were  increased;  (3)  thermo¬ 
couples  were  installed  to  record  metal  temperatures  ;  (-1)  two  new  oil  scavenge 
lines  were  added  to  the  bearing  package  to  increase  the  flow  capacity;  (3)  the 
instrumented  load  ring  was  modified;  and  (6)  30-micron  screening  was  installed 
just  upstream  of  the  brake  inlet  plenum  (Figure  109). 

Welding  of  the  rotor  blade  roots  was  considered  desirable  when  it  was  concluded 
during  this  time  period  that  bicast  mtnra  had  an  incomplete  metallurgical  bond 
in  the  circumferential  direction.  (See  Figures  74  and  75  and  discussion  under 
Phase  II.  Task  2. 1  After  experimenting  with  different  sizes  and  type*  of  weld* 
on  scrap  parts,  a  satisfactory  weld  was  obtained  with  a  0. 150-in.  -wide  by 
0.  150-in. -deep  machined  slot,  filled  with  Hastclloy-W  material.  Metallurgical 
evaluations  indicated  sound  w'clds  on  the  experimental  parts.  It  was  believed 
that  this  welding  procedure  increased  the  effective  burst  strength  of  the  rotor, 

I  sit  no  quantitative  (bln  were  available  to  confirm  thin  belief. 

After  the  rotor  rubbing  experienced  in  Build  2,  it  was  decided  to  use  increased 
running  clearances  in  Build  3  (0.015  in.  as  compared  to  the  0.0 10- In.  design 
value).  However,  to  remove  damaged  material  from  the  Build  2  rotor,  approxi¬ 
mately  0.022  to  0.024  in.  was  machined  from  the  shroud-side  profile  of  the 
blades.  The  0.0 15- in.  axial  clearances  were  set  by  shimming  the  shroud. 
Because  of  the  material  removed  from  the  exduccr  lip  profile,  there  was  no 
feasible  way  to  obtain  the  desired  0.015-in.  clearance  in  the  radial  direction, 
and  the  turbine  was  tested  with  a  0. 033-in.  radial  clearance  (Figure  115). 

Build  3  had  thermocouples  installed  in  the  locations  shown  in  Figure  110.  The 
0.  030- in. -diameter  thermocouples  in  the  nonrutaling  part*  measured  the  metal 
temperatures  at  a  midthickness  location,  while  the  0.  010-in. -diameter  rotor 
thermocouples  were  located  at  the  blade  outer  surface.  Static  thermocouf  les 
were  read  directly,  and  the  rotor  thermocouples  were  connected  through  a  high- 
*l>ccd  slip  ring. 

In  the  fourth  and  fifth  rig  modifications,  two  additional  scavenge  lines  were 
placed  in  the  bearing  cavity  to  improve  oil  scavenging,  and  the  instrumentation 
for  the  load  ring  was  modified  by  adding  a  second  strain  gage  circuit  and 
increasing  the  size  of  all  electrical  leads. 

Build  1  Operational  haimmary 

Approximately  10  hr  of  testing  were  accumulated  with  Build  3,  about  evenly 
divided  between  cold-flow  and  hot-flow  testing. 


The  thermocouples  proved  to  be  quite  fragile;  only  16  of  26  circuits  were 
operating  properly  at  the  start  of  cold-flow  testing,  and  only  8  thermocouples 
were  reading  at  the  end  of  cold-flow  testing.  The  slip  ring,  designed  to  transmit 
the  rotor  temperatures,  failed  twice.  It  was  damaged  before  the  first  cold-flow 
data  point  was  taken,  was  repaired,  and  failed  for  a  second  time  after  about 
20  min  of  running.  Thermal  data  resulting  from  Build  3  was  therefore  less  than 
anticipated,  and  no  rotor  temperatures  were  recorded. 

Satisfactory  shaft  thrust  control  was  achieved  without  using  the  instrumented  load 
spacer,  which  again  performed  unreliably  in  this  build.  The  modified  thrust 
control  procedure  consisted  of  maintaining  a  constant  static  pressure  differential 
across  the  brake  impeller  (10  psi  in  an  upstream  direction),  preventing  a  load 
reversal  at  the  turbine  bearing. 

The  1900 °K  inlet  temperature  test  objective  was  not  reached.  After  5  hr  of  hot 
testing  at  about  1000 0  to  12U0°F,  cooling  air  was  being  adjusted  prior  to 
increasing  the  TIT  to  1900"F  when  the  slave  engine  (which  supplies  the  rig  inlet 
air)  automatically  shut  down  in  an  uverspeed  abort.  Aviation  gasoline  continued 
to  flow  into  the  rig  at  the  rate  of  75  lb/hr,  the  minimum  fuel  flow  at  atmospheric 
pressure.  The  result  was  an  overtemperature  condition,  and  the  rig  was  shut 
down.  Visual  examination  of  the  rotor  trailing  edges  showed  some  damage,  and 
the  test  series  was  ended. 

Build  3  lest  Results  and  Conclusions  (Mechanical) 

Inspection  of  the  rig  parts  showed  damage  only  In  the  turbine  section. 

Figure  117  shows  the  turbine  rotor  after  disassembly,  approximately  0.50  in. 
was  missing  from  each  blade  tip.  This  was  believed  to  be  the  result  of  an  over- 
temperature  condition  at  shutdown  rather  than  FUD,  because  there  was  no 
smearing  of  material  at  the  blade  tips  as  was  observed  in  Build  1  as  a  result  of 
FOO. 


The  nuaale  vanes  .turned  FOD  along  the  trailing  edges  (Figure  118),  but  this 
would  be  the  expected  result  uf  losing  the  overheated  rotor  blade  tips.  The  vane 
leading  edges  showed  no  evidence  of  overheating.  At  the  time  of  the  test  shut¬ 
down.  vane  cooling  air  was  being  adjusted  and  approximately  4%  cooling  air  was 
flowing  in  the  vanes.  This  Is  believed  to  have  prevented  any  leading  edge  damage. 

Build  3  Test  Results  and  Conclusions  (Thermal) 


Metal  temperature  data  from  Turbine  Build  3  are  presented  in  Table  VI.  and 
Figures  119  through  122  show  the  same  data  plotted  as  cooling  effectiveness 
versus  percent  cooling  air. 

In  Figure  119,  which  presents  shruud  metal  temperature  data,  some  data 
scatter  is  evident  since  a  decreasing  effectiveness  chsrscteristic  with  increasing 
cooling  air  flow  is  not  possible.  In  spile  of  the  dsts  scatter,  the  general  level  of 
cooling  effectiveness  is  high  enough  to  conclude  Ihsi  the  design  effectiveness 
values  would  be  met  at  3%  cooling  flow  (design  point). 


Figure  120  shows  cooling  effectiveness  data  for  the  lower  backplate  and  its 
support.  These  data  show  that  temperatures  in  this  area  are  essentially  inde¬ 
pendent  of  cooling  air  flow,  which  was  expected  since  these  locations  are 
influenced  more  by  conduction  than  convective  heat  transfer.  The  levels  of 
cooling  effectiveness  show  good  agreement  with  predicted  values. 

Cooling  data  for  the  shroudside  nozzle  platform  are  presented  in  Figures  121  and 
122.  The  data  shown  in  Figure  121  were  taken  at  a  location  beneath  a  platform 
heat  shield,  which  prevented  direct  contact  between  the  gas  stream  and  the 
nozzle  platform.  The  data  in  Figure  122  were  taken  at  a  location  downstream  of 
the  heat  shields,  where  the  platform  was  exposed  to  the  main  gas  stream.  In 
both  figures,  some  data  scatter  is  present,  similar  to  that  previously  observed 
in  the  shroud  cooling  data  (Figure  119).  However,  the  general  levels  of  measured 
cooling  effectiveness  for  the  nozzle  platforms  are  lower  than  the  predicted 
values.  Since  the  cooling  designs  for  the  other  stationary  components  are 
adequate  (including  the  shroud,  just  upstream  of  the  nozzle  platform),  this 
suggested  the  possibility  of  cooling  air  leakage  between  the  shroud  and  the  nozzle 
platform.  The  shroud/platform  junction  was  a  metal-to-metal  seal,  which  could 
allow  cooling  air  leakage  as  a  result  of  machining  or  assembly  imperfections,  or 
distortion  of  either  part  during  operation.  Results  from  this  portion  of  the 
cooling  evaluation  were  therefore  considered  inconclusive. 

The  data  from  Figures  121  and  122,  extrapolated  to  design  conditions,  indicate 
that  the  platform  temperature  beneath  the  heat  shield  would  be  approximately 
18°F  higher  than  the  platform  temperature  downstream  of  the  heat  shields.  The 
predicted  temperature  difference  in  these  locations  was  25 °F,  with  the  gradient  in 
the  same  direction.  These  data  verified  that  the  heat  shield  had  the  desired  effect 
of  preventing  overcooling  of  the  platform  outer  diameters  by  the  cooling  air  film 
injected  just  upstream  of  the  nozzle  section. 

Build  3  Test  Results  and  Conclusions  (Aerodynamic) 


Build  3  test  results  are  summarized  in  Table  VII.  Cold-flow  data  were  obtained 
at  pressure  ratios  of  2. 0-3. 35:1,  and  hot-flow  data  were  taken  at  pressure  ratios 
of  4.1-4.45:1. 

To  compare  experimental  performance  data  with  predicted  values,  the  measured 
efficiencies  were  corrected  for  the  increased  rotor  clearances  of  Build  3.  The 
correction  applied  was  2.0  efficiency  points  (increase),  which  was  determined  as 
shown  in  Figure  123  from  previously  presented  clearance  effects  (Figure  101)  and 
measured  rotor  clearances  (Figure  115).  The  resulting  performance  compari¬ 
sons  are  presented  in  Table  VII  in  the  column  entitled  Corrected  tjt_t  " 
Predicted  and  in  Figure  124. 
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Note:  The  PT4  values  shown  are  below  the  design  value  of  257.  5  psia  due  to  reduced  TIT  and  horsepower  levels  during  these 
testa. 
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‘Cold  flow  data  are  questionable  due  to  low  horsepower  levels  and  probable  errors  in  estimating  parasitic  losses. 


In  Figure  124  the  cold-flow  efficiencies  are  generally  somewhat  lower  than  the  hot- 
flow  efficiencies,  when  compared  to  the  predicted  performance  levels.  The  same 
trend  was  evident  in  the  Build  1  data  (Figure  108).  One  basic  difference  between 
cold-  and  hot-flow  data  can  account  for  the  discontinuity  between  the  two  types  of 
data;  the  power  levels  of  the  cold-flow  data  were  1/10  to  1/2  those  of  the  hot- flow 
data,  and  the  cold-flow  data  would  be  more  sensitive  to  errors  in  estimating  the 
parasitic  losses  (windage  and  bearing  power  consumption)  and  the  losses  intro¬ 
duced  by  internal  leakages  which  could  not  be  taken  into  account  with  the  hot  test 
rig.  A  previous  program  at  FRDC  with  a  small  cold-flow  aerodynamic  test  rig 
(the  Aerodynamic  Research  Turbine)  showed  that  experimentally  measured 
windage  losses  were  2.  5  to  3.  4  times  the  predicted  values,  and  measured  bearing 
losses  were  3.  4  to  3.  7  times  the  predicted  values.  These  errors  were  attributed 
to  simplifying  assumptions  such  as  treating  bolted  flanges  as  smooth  disks,  and 
assuming  constant  bearing  loads.  In  the  calculation  of  radial  turbine  parasitic 
losses,  similar  assumptions  were  used  and  no  experimental  loss  measurements 
were  conducted.  For  comparative  purposes,  the  Build  3  cold-  and  hot-flow  per¬ 
formance  data  were  adjusted  using  the  previously  determined  ratios  of  measui’ed 
to  calculated  parasitic  losses,  and  the  results  are  shown  in  Figure  125.  This 
figure  shows  good  continuity  between  cold  and  hot  flow  data,  fortifying  the  suppo¬ 
sition  that  the  calculated  parasitics  were  low.  However,  the  general  level  of 
performance  is  higher  than  would  be  expected,  and  the  magnitude  of  the  error  in 
calculating  parasitic  losses  is  probably  not  as  high  as  that  observed  in  the  earlier 
program.  Because  of  the  suspected  error  in  calculating  parasitic  losses,  the  hot- 
flow  data  (points  No.  44  to  54,  inclusive)  were  believed  to  give  a  more  accurate 
indication  of  the  turbine  aerodynamic  performance.  On  the  basis  of  the  corrected 
efficiency  comparisons  (Table  VII  and  Figure  124),  it  was  concluded  that  the 
experimental  performance  was  within  -0.8  to  +2.  3  efficiency  points  of  the  pre¬ 
dicted  values.  Therefore,  at  the  design  point  conditions,  the  turbine  total-to- 
totai  efficiency  should  be  between  86.  7  and  89.  8%,  which  is  an  acceptable  value 
for  an  advanced  small  gas  turbine  engine. 

The  normalized  work  parameter,  AH /y/o  ,  is  directly  related  to  the  turbine 
efficiency,  since  AH  equals  the  efficiency  times  the  isentropic  AH  available  to  the 
stage.  Based  on  the  measured  work  parameters  and  the  range  of  corrected 
efficiencies  projected  at  design  conditions,  the  work  parameter  is  predicted  to 
range  from  40. 9  to  42. 4  Btu/lb  at  design  point.  This  range  includes  the  pre¬ 
dicted  value  of  41. 3  Btu/lb,  and  satisfactorily  demonstrated  the  high  work 
capacity  of  the  radial  turbine. 

The  measured  rotor  exit  gas  angles  (area  averaged)  presented  in  Table  VH 
showed  fair  agreement  (generally,  0  to  9  deg)  with  the  values  predicted  in 
Figure  54,  but  the  exit  swirl  measurements  for  the  hot-flow  points  showed  con¬ 
siderably  greater  difference  (generally,  11  to  17  deg).  However,  the  traversing 
measurements  were  considered  to  be  relatively  low  quality  data  due  to  sampling 
errors,  inherent  susceptibility  to  clogging  and  entrapped  liquids  or  leakage  in  the 
long  instrumentation  lines,  and  the  complicating  factor  of  cooling  air  injection. 

For  these  reasons,  the  exit  swirl  angle  discrepancies  were  not  weighed  heavily  in 
the  evaluation  of  the  turbine  design.  Until  more  precise  swirl  data  are  available, 
it  is  recommended  that  the  predicted  data  of  Figure  54  be  used  for  engine  design 
studies. 
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Because  of  the  data  scatter  observed  in  these  tests,  an  error  analysis  was  under¬ 
taken  to  estimate  the  magnitude  of  scatter  that  should  have  been  expected. 

Details  of  this  analysis  are  presented  in  Appendix  IV;  results  showed  that  for  a 
typical  hot  test  point,  a  variation  of  ±4.  5  efficiency  points  was  the  maximum 
possible  error  that  we  would  reasonably  expect  to  observe.  The  experimental 
efficiency  variation  (compared  to  predicted  values)  of  less  than  ±1.  6  points  for  the 
hot  data  is  therefore  an  acceptable  scatter  band  for  the  hot  test  rig.  Conversely, 
the  variation  in  cold-flow  data  (±5.  8  points  compared  to  predicted  values)  exceeds 
the  maximum  reasonable  variation  and  further  justifies  the  selection  of  hot-flow 
data  as  the  more  accurate  measure  of  turbine  performance. 

Build  4  Obj  ectives 


The  test  objectives  of  Turbine  Build  4  were  to  obtain  aerodynamic  performance 
data  at  three  conditions:  (1)  a  scaled-down  design  point,  (2)  a  60%  power  point, 
and  (3)  an  off-design  point  with  the  designed  TIT  of  2300  °F. 

The  scaled-down  design  point  was  selected  at  the  maximum  rotor  speed  that  main¬ 
tained  a  30%  burst  margin  with  bicast  rotors;  this  speed  was  approximately 
61,000  rpm.  The  corresponding  TIT  required  to  set  a  scaled  design  point  was 
1840°F,  with  a  total-to-total  pressure  ratio  of  5. 1:1. 

The  60%  power  point  was  estimated  at  61,000  rpm  and  about  1900  °F  TIT,  using 
typical  small  shaft  engine  characteristics  as  a  basis  for  the  estimate. 

The  third  target  condition  was  selected  at  the  maximum  design  TIT  of  2300  °F, 
with  the  rotor  speed  again  limited  to  61, 000  rpm.  This  was  the  maximum  power 
point  that  could  be  tested  with  the  reduced  strength  bicast  rotors  while  main¬ 
taining  a  30%  burst  margin.  At  this  condition  it  would  be  necessary  to  overcool 
the  rotor  to  compensate  for  the  higher  relative  gas  temperatures  in  the  rotor. 

Build  4  Configuration 


Turbine  Build  4  used  the  fourth  and  final  bicast  rotor,  which  incorporated  the 
blade-root  welding  procedure  previously  used  in  the  Build  3  rotor.  The  third  and 
final  nozzle  assembly  was  used  for  this  build.  Turbine  running  clearances  were 
set  to  a  nominal  value  of  0. 015  in.  all  around  at  assembly.  To  achieve  the 
desired  radial  clearance  at  the  rotor  exit,  0.005  in.  was  machined  from  the 
shroud  profile. 

Turbine  Build  4  did  not  include  the  hot-section  metal  thermocouples  that  were 
installed  in  Build  3. 

The  thrust-measuring  load  spacer  that  had  proven  to  be  unreliable  in  the  three 
previous  builds  was  not  instrumented  for  Build  4.  Axial  thrust  was  controlled  by 
maintaining  a  constant  pressure  differential  across  the  brake,  similar  to  Build  3. 
To  facilitate  this  control  procedure,  a  second  bleed  line  was  added  to  the  plenum 
behind  the  brake  impeller.  This  modification  was  made  because  the  lands  on  the 
brake  rear  face  were  reduced  in  height  (as  a  result  of  previous  rubbing)  and  the 
brake  rear  pressures  tended  to  run  higher  than  normal. 

The  internal  50-/lc  screen  used  in  Builds  2  and  3  was  removed  for  Build  4  because 
of  loosening  of  some  weld  junctions  during  Build  3. 
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Build  4  Operational  Summary 


Approximately  2  hr  of  hot  testing  v'ere  accumulated  with  the  Build  4  assembly 
before  an  operational  problem  caused  internal  damage  to  the  rig  and  ended  the 
test  series.  Data  were  taken  at  speeds  up  to  51,980  rpm,  TIT  up  to  1759 °F,  and 
turbine  pressure  ratio  up  to  5.  2:1.  The  operational  problem  occurred  with  the 
turbine  running  at  the  TIT  of  1759 °F.  While  rig  data  were  being  recorded,  the 
steam  supply  to  the  test  stand  was  suddenly  reduced.  Steam  was  used  primarily 
to  scavenge  oil  from  the  rig  bearing  cavity,  through  the  use  of  a  steam  ejector. 
Shortly  after  the  loss  of  steam,  the  bearing  cavity  became  filled  with  oil,  which 
leaked  past  the  compressor  labyrinth  seal  into  the  main  airstream.  It  was  con¬ 
cluded  that  the  oil  leakage  burned  in  the  combustor  and  raised  the  TIT  to  1950 °F, 
where  the  automatic  overtemperature  abort  was  triggered.  The  sudden  loss  of 
combustion  resulted  in  a  rapid  rise  of  the  compressor  inlet  pressure,  axial 
thrust  was  reversed,  and  the  rig  experienced  internal  damage. 

Build  4  Test  Results  and  Conclusions  (Mechanical) 

Inspection  of  the  rig  hardware  details  showed  that  the  brake  had  rubbed  its  back- 
plate,  causing  damage  to  both  parts  (Figures  126  and  127).  The  turbine  rotor  and 
nozzle  are  shown  in  Figure  128  after  testing.  The  only  significant  damage  noted 
to  either  part  was  some  minor  foreign  object  damage  visible  on  one  blade  tip 
which  may  have  been  caused  by  particles  from  the  compressor  rub.  Oil  was 
found  throughout  the  rig,  including  the  inlet  case,  which  supported  the  hypothesis 
that  burning  oil  caused  the  overtemperature  condition. 

Build  4  Results  and  Discussion  (Aerodynamic) 

Turbine  Build  4  test  results  are  summarized  in  Table  VIII,  and  the  corrected 
efficiencies  are  compared  to  predicted  performance  levels  in  Figure  129.  (The 
Build  4  clearance  correction  was  0.  7  efficiency  points,  which  was  determined  by 
the  measured  4%  axial  and  1%  radial  clearances  and  the  data  presented  in 
Figure  101. )  The  Build  4  performance  data  was  not  consistent  with  the  Build  3 
data,  either  in  efficiency  level  or  in  the  trend  of  the  efficiency  vs  velocity  ratio 
characteristic.  In  addition,  the  data  scatter  (approximately  14.  8  points  below  to 
6.  7  points  above  predicted  efficiency  levels)  exceeded  the  ±4.  5  point  maximum 
efficiency  variation  that  could  reasonably  be  expected,  and  significant  instrumen¬ 
tation  errors  were  suspected.  It  was  concluded  that  Build  4  performance  data 
could  not  be  used  to  evaluate  turbine  performance. 

AERODYNAMIC  AND  MECHANICAL  PERFORMANCE  SUMMARY 


Aerodynamic  data  taken  at  turbine  inlet  temperatures  of  1000°  to  1200  °F  indicated 
that  the  turbine  cooled  performance  was  within  -0. 8  to  +2.  3  efficiency  points  of 
the  predicted  values.  On  this  basis,  turbine  efficiency  at  design  conditions  will 
be  between  86.  7  and  89. 8%  (total-to-total)  and  the  work  parameter  (AH/y/0 ) 
will  be  between  40. 9  and  42. 4  Btu/lb. 

Testing  at  the  design  conditions  of  67,000  rpm,  2300 °F  TIT,  and  18-atmosphere 
inlet  pressure  was  precluded  by  rotor  structural  limitations,  caused  by  below- 
specification  cast  properties.  The  maximum  test  value  of  TIT  was  2045 °F,  and 
the  maximum  rpm  was  approximately  53,000. 
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Figure  130  shows  the  most  probable  performance  of  this  turbine  design,  based  on 
hot  test  data  from  Turbine  Build  3.  It  should  be  noted  that  this  performance  is 
based  on  a  specific  cooled  efficiency  definition  shown  in  Figure  130.  It  is  recog¬ 
nized  that  several  other  efficiency  definitions  are  used  throughout  the  industry, 
and  sufficient  information  is  included  in  the  tabular  data  to  calculate  turbine 
efficiency  according  to  other  definitions. 

Extrapolation  of  cooling  data  from  the  1035  °F  (nominal)  TIT  test  condition  to  the 
design  point  indicates  that  the  cooling  design  is  adequate  for  the  turbine  shroud 
and  backplate.  Data  for  the  nozzle  platform  was  inconclusive,  because  of  data 
scatter  and  suspected  cooling  air  leakage  between  the  shroud  and  the  nozzle  plat¬ 
form.  No  cooling  data  were  obtained  for  the  rotor,  due  to  instrumentation 
failures. 

In  early  testing,  the  turbine  showed  a  susceptibility  to  erosion-type  foreign  object 
damage  on  the  vane  trailing  edges  and  rotor  leading  edges.  However,  the 
problem  appeared  to  be  solved  by  filtering  foreign  objects  from  the  air  inlet 
system. 
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CONCLUSIONS 


Experimental  performance  of  the  cooled  radial  turbine  showed  efficiencies 
and  work  parameters  high  enough  to  substantiate  its  potential  for  application 
in  advanced  small  gas  turbine  engines. 

The  cooling  design  for  the  turbine  shroud  and  backplate  is  adequate  for 
design  point  operation.  No  conclusion  was  reached  in  regard  to  the  cooling 
performance  of  other  parts  due  to  suspected  cooling  air  leakage  and  instru¬ 
mentation  failures. 

On  the  basis  of  a  destructive  spin  test  of  a  single  integral-cast  rotor,  the 
structural  design  of  the  rotor  is  adequate  for  design  speed  operation 
(67,000  rpm)  with  the  desired  burst  margin  (30%).  However,  additional  test 
points  are  required  to  substantiate  this  single  point. 

With  regard  to  rotor  fabrication  techniques,  neither  bicasting  nor  integral 
casting  was  capable  of  producing  geometrically  correct,  metallurgically 
sound  rotors  with  a  reasonable  yield  factor.  On  the  basis  of  the  fabrication 
work  performed  under  this  program,  the  bicasting  technique  was  shown  to 
possess  inherent  production  advantages  (yield  and  inspection)  over  the 
integral  casting  technique. 

Improvements  in  the  data  scatter  experienced  in  this  program  can  be 
achieved  by  sealing  potential  leakage  paths,  modifying  and  supplementing 
critical  instrumentation,  measuring  parasitic  losses,  and  adding  an  auto¬ 
matic  data  recording  system. 
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RECOMMENDATIONS 


It  is  recommended  that: 

1.  The  rotor  casting  development  be  continued,  with  emphasis  placed  on 
solving  the  blade-to-hub  bonding  problem  of  the  bicast  technique. 

2.  When  structurally  adequate  rotors  are  available,  testing  with  the  hot 
test  rig  should  be  resumed.  Objectives  of  future  hot  tests  should 
include:  (1)  additional  evaluation  of  the  nozzle  cooling  design,  with 
potential  leakage  paths  sealed;  (2)  evaluation  of  rotor  cooling  design, 
preceded  by  a  review  and  modification  (if  required)  of  the  slip  ring 
system;  (3)  turbine  testing  at  design  conditions;  and  (4)  cyclic  testing. 

3.  To  obtain  more  detailed  aerodynamic  performance  data,  it  is  recom¬ 
mended  that  this  turbine  design  be  evaluated  on  a  component  test  rig, 
where  critical  parameters  can  be  closely  controlled  and  precisely 
measured. 

4.  Longer- range  programs  should  consider  the  inclusion  of  (1)  analytical 
and  experimental  studies  of  the  erosion  characteristics  of  high  tem¬ 
perature  radial  turbines,  and  (2)  analytical  studies  of  mixed-flow 
turbine  designs,  which  may  have  reduced  susceptibility  to  erosive 
FOD. 
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Figure  2.  Radial  Turbine  Hot  Section. 
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Figure  3.  Nozzle  Final  Design. 
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Figure  4.  Nozzle  Airfoil  and  Insert  Geometries. 
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Figure  5.  Reflex  Vane  Schematic. 
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Figure  6.  Nozzle  Vane  Velocity  Distribution. 
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MERIDIONAL  DISTANCE,  AM/M  -  % 


Figure  7.  Nozzle  Vane  Pressure  Distribution 
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Figure  8.  Nozzle  Vane  Gas  Temperature  Distribution. 
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Figure  11.  Nozzle  Vane  Heat  Transfer  Coefficients  (Internal). 
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Figure  16.  Tensile  Properties  of  EN100  (PWA  658). 
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Figure  19.  Nozzle  Radial  and  Axial  Deflections. 


Figure  21.  Rotor  Cooling  Passage  Design  (Core  Geometry). 
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Design  (Core  Geometry). 
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Figure  26.  Rotor  Velocity  Distribution  for  Heat  Transfer  Analysis  (Mean). 
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Figure  30.  Gas  Temperature  Distribution  and  Heat  Transfer  Coefficients  for  Rotor  Blade  (Mean). 
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Figure  37.  Rotor  Blade  Thickness  Distribution. 
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Figure  40.  Rotor  Stress  Distribution  (30%  Overspeed). 
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Figure  42.  Rotor  Deflections  (Design  Point). 
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Figure  46.  Backplate  Design.  I 
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Figure  48.  Backplate  Metal  Temperatures  (Axial). 
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Figure  49.  Backplate  Stress  Distribution  (Radial). 
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Figure  51.  Comparison  of  Phase  I  and  Phase  II  Performance  Predictions. 
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Figure  53.  Predicted  Stage  Performance  (Nozzle  Weight  Flow  vs  Pressure  Ratio). 
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Figure  54.  Predicted  Stage  Performance  (Efficiency  vs  Velocity  Ratio). 
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Figure  55.  Predicted  Stage  Performance  (Exit  Swirl  vs  Pressure  Ratio). 
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Figure  60.  Bieast  Test  Bars  (Butt  Joint). 
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Figure  62.  Bicast  Rotor  Section. 


Figure  63.  Individual  Blade  Castings. 
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Figure  65.  Fragments  From  Burst  Rotor  (Bicast). 
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Figure  66.  Integral  Rotor  (Uncored). 
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Figure  68.  Integrally-Cast  Spin  Test  Rotor. 
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Figure  71.  Cooling  Air  Insei't  Machining. 
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Figure  73.  Turbine  Rotor  (Rear  View) 


125 


Figure  74.  Weld  Repaired  Rotor  (Side  View). 
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Figure  75.  Weld  Repaired  Rotor  (Rear  View). 
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Figure  76.  Turbine  Rotor  (Front  View). 
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Figure  77.  Turbine  Test  Rig  Configuration. 
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Figure  78.  Burner  Test  Rig  Configuration. 
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t  Rig  Configuration. 
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Figure  79.  External  View  ot  Burner  Rig  Showing  Exhaust  Seetion. 
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Inlet  Lines 
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Figure  81.  Burner  Test  Rig  on  Test  Stand. 
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Figure  83.  Temperature  -  Pressure  Probe. 
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Figure  85.  Nominal  Spanwise  Location  of  Probes. 
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Figure  86.  Internal  View  of  Burner  Showing  Probe  Assembly. 
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Figure  90.  Carbon  Deposits  From  JP5. 
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Figure 
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Figure  94.  Turbine  Test  Rig  (Front  View). 
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Figure  95.  Tui’bine  Test  Rig  (Rear  View). 
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Figure  97.  Basic  Instrumentation  Plan  for  Turbine  Tests. 
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Figure  99.  Rotor  Inlet  Flow  Calculation. 


TIT  CALCULATED  FROM  EXHAUST  TEMPERATURE  -  °R 


Figure  100.  Comparison  of  Turbine  Inlet  Temperature  Calculations. 
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Figure  102.  Bearing  Chip  Detector  After  Turbine  Build  1 
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Figure  105.  Turbine  Build  1  Vane. 
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Figure  106.  Turbine  Build  1  Perfoi’mance. 
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Figure  108.  Turbine  Build  1  Performance. 
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Figure  109 
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Figure  110.  Original  and  Redesigned  Load  Rings. 
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Figure  112.  Turbine  Build  2  Rotor, 


Figure  114*  Turbine  Build  2  Vtine. 
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.  Turbine  Build  3  Thermocouple  Locations. 


Figure  117.  Turbine  Build  3  Rotor. 
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Figure  118.  Turbine  Build  3  Nozzle  Vane  Trailing  Edge  Damage 
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Figure  121.  Turbine  Build  3  Cooling  Effectiveness  (Beneath  Heat  Shield). 
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Figure  123.  Determination  o 
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Build  3  Performance. 


0.2  0.4  0.6  0.8  1.0  1.2 
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Figure  125.  Turbine  Build  3  Adjusted  Performance. 


Figure  126.  Turbine  Build  4  Brake  Impeller. 
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Figure  127.  .Turbine  Build  4  Brake  Backplate. 
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Figure  128.  Turbine  Build  4  Turbine  Section. 
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APPENDIX  I 

VANE  INSERT  BRAZE  PROCEDURf 


The  braze  specification  used  to  braze  the  vane  inserts  into  the  vane  casting  was 
as  follows: 

1.  Nickel  plate  braze  areas  of  inserts  per  AMS  2403  to  0.  0055-  to 
0.0065-in.  thickness. 

2.  Nickel  plate  braze  areas  of  nozzle  casting  per  AMS  2403  to  0.  0010- 
to  0.0015-in.  thickness. 

3.  Position  inserts  into  nozzle  housing.  Maximum  allowable  interference 
is  0.  0005  in.  Use  Hastelloy  shims  to  achieve  a  tight  fit  where  clear¬ 
ance  exists. 

4.  Apply  braze  material  (Coast  Metals  No.  50  paste)  to  form  nominal 
0.060-in.  fillets  at  braze  joints.  Brazing  must  be  accomplished 
within  8  hr  of  paste  application. 

5.  Braze  in  hydrogen  atmosphere  at  2100°F  ±  25°F  for  10  min. 

6.  Open  furnace  door  and  allow  part  to  cool  to  1700 °F.  Remove  from 
furnace  and  air  cool  to  300 °F  or  lower  while  maintaining  hydrogen 
atmosphere.  Remove  from  retort. 
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APPENDIX  D 

BALANCE  AND  SPIN  PROCEDURES 


Balance  Procedures 


Three  different  balances  were  made  on  the  radial  turbine  rig  rotating  parts.  Each 
balance  was  a  dynamic  balance  to  0.  001  oz-in.  The  first  of  these  was  the  detail 
balance  of  each  of  the  rotating  parts.  The  detail  balance  of  the  turbine  rotor  was 
made  with  a  spin  arbor  and  spindle  mounted  to  the  rotor  to  insure  the  correct  bal¬ 
ance  for  subsequent  proof  testing  in  a  spin  pit.  The  turbine  rotor  was  balanced  by 
removing  material  from  the  raised  portion  of  the  rear  face  and  on  the  ID  of  the  hub 
at  the  exhaust  end. 

The  last  two  balances  were  made  on  the  rig  rotating  package  during  the  assembly 
of  the  rig  for  test.  The  first  of  these  two  balances  was  made  with  only  the  rotating 
parts  installed  on  the  bearing  housing.  Figure  131  shows  this  assembly  mounted 
on  the  balance  machine.  The  assembly  was  balanced  by  adding  weights  to  the  rear 
face  of  the  brake  impeller  flange  and  to  the  turbine  rotor  mounting  flange  on  the 
shaft.  After  the  initial  assembly  balance,  the  rotating  package  was  removed  from 
the  bearing  housing  so  that  the  nozzle  assembly,  turbine  and  compressor  back- 
plates,  and  support  structure  could  be  mounted  on  the  bearing  housing.  The 
rotating  package  was  again  installed  in  the  bearing  housing,  and  the  final  balance 
of  the  rotating  package  was  completed  (Figure  132).  This  final  balance  was 
achieved  by  adding  weights  to  the  rear  face  of  the  brake  impeller  flange  and  to  the 
exhaust  end  of  the  turbine  rotor  (hub  inside  diameter). 


Spin  Procedure 


After  the  detail  balance  of  the  rotor,  it  was  mounted  in  the  spin  pit.  The  spin  pit 
was  evacuated  to  approximately  0. 2-mm  Hg  prior  to  spin  testing  to  reduce 
windage  friction.  Two  proximity  probes  mounted  at  90  deg  to  each  other  around 
the  rotor  hub  (monitored  on  an  oscilloscope)  gave  an  indication  of  the  stability  of 
the  rotating  part.  The  spin  test  apparatus  included  an  automatic  overspeed  abort 
system.  In  addition,  testing  could  be  aborted  manually.  The  rotor  was  driven  by 
a  small  air-driven  turbine,  and  the  speed  was  controlled  by  regulating  the  turbine 
air  supply. 
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Figure  131.  Initial  Assembly  Balance. 
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Figure  132.  Final  Assembly  Balance. 
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Figure  133.  Burner  Test  1-1  Temperature  Profile. 
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Figure  136.  Burner  Test  4-1  Temperature  Profile. 
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APPENDIX  IV 
UNCERTAINTY  ANALYSIS 


Using  data  point  No.  54  as  a  typical  hot  test  condition,  the  performance  calcula¬ 
tions  were  analyzed  to  determine  the  uncertainty  in  the  calculated  efficiency  due 
to  bias  and  precision  errors  in  the  measured  parameters.  The  measurement 
uncertainty  estimates  for  the  efficiency  are  as  follows: 

Bias  -0.010  ±2.937 

Precision  (1  Standard  Deviation)  0.  800 

Uncertainty  -0.  010  ±  4.  537 

Uncertainty  is  defined  as  the  maximum  possible  error  that  we  would  reasonably 
expect  to  observe. 


DISCUSSION  OF  CALCULATIONS 


A  measure  of  the  rate  of  change  of  efficiency  with  respect  to  each  variable  used  in 
calculating  efficiency  was  needed  to  obtain  an  estimate  of  the  precision  error  and 
bias  associated  with  efficiency.  The  existing  data  reduction  computer  deck  was 
utilized  to  calculate  the  effect  of  the  precision  error  (Si)  and  the  bias  error  (Bi) 
of  each  input  variable  (X^  on  efficiency. 


The  program  was  run  first  at  nominal  conditions.  Then,  each  Xj  was  changed  by 
one  standard  deviation  unit  (Si)  to  obtain  estimates  of  the  partial  of  efficiency  with 
respect  to  each  input  variable  times  the  precision  error,  or 


S. 

i 


This  was  repeated  twice,  once  increasing  the  input  by  one  standard  deviation,  and 
once  decreasing  the  input  by  one  standard  deviation.  The  average  effect  due  to  the 
input  precision  error  was  calculated  to  obtain  the  estimate  of  effect  of  the  preci¬ 
sion  of  each  input  variable  on  efficiency. 

Similarly,  the  partials  of  efficiency  with  respect  to  each  input  variable  times  the 
bias  were  calculated.  Since  the  bias  limits  were  not  always  symmetric  about 
zero,  it  was  necessary  to  have  estimates  for  both  the  upper  limit  on  bias  (Bj+)  and 
the  lower  limit  on  bias  (Bj'),  or 


maximum  bias  limit  effect 


bV 

axi 


and 


minimum  bias  limit  effect 


=  -$zl 
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Values  of  bV/bX^  Sj,  bV/dX^  B^+  and  bV/bX^  B^  were  calculated  for  each 
input  variable  X^.  Estimates  of  the  precision,  bias  and  uncertainty  of  efficiency 
were  calculated  based  on  these  values. 


The  calculation  of  the  measurement  variance  of  efficiency  S2,  is  found  by  summing 
the  squares  of  the  partial  derivative  of  efficiency  with  respect  to  each  input  variable 
X,  times  the  standard  deviation,  Sp 


S 


2 


0.  6404 


or, 

S  =  0.800 


When  the  bias  limits  are  symmetric  about  zero,  the  recommended  practice  is  to 
root  sum  square  the  individual  biases  to  get  the  overall  bias.  For  this  problem, 
however,  several  of  the  biases  were  not  symmetric  about  zero.  To  handle  this 
problem,  the  average  effect  of  bias  was  found  for  each  input  parameter  as: 


The  range  of  the  bias  was  defined  as  the  total  of  the  average  bias  effects  plus  and 
minus  the  root  sum  square  of  the  differences  between  the  effect  of  the  maximum 
bias  and  the  average  bias;  i.e. , 


B, 


n 

■2 


.  $•: 

i=l  l 


B. 


I  k 


B 


+  JL»L 
i  "“5x7 


.1/2 


=  +0.010  ±2.937 


Since  the  degrees  of  freedom  are  greater  than  30,  uncertainty  was 


U  =  +0.  010  ±  1 2.  937  +  2  (0.800)  | 

=  +0.  010  ±  4.  537  efficiency  points 


Table  IX  presents  the  input  values  used  in  the  analysis  and  their  effect  on 
calculated  efficiency. 
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TABLE  IX.  UNCERTAINTY  ANALYSIS  SUMMARY 


Input 

Effect  on  Efficiency 

Parameter 

(Xj) 

Units 

Precision 

(IS) 

Bias 

-MB  + 

3Xj  Bi 

Wc 

lb/sec 

±0.025 

+0. 070, 
-0. 029 

±0.620 

+1. 737 

-0. 719 

Wt 

lb/sec 

±0.0193 

±0. 0386 

±0.456 

-0.915 

+0.915 

wr 

lb/sec 

±0.000325 

+0. 0003, 
-0. 0023 

±0.013 

+0. 091 

-0.091 

TT2 

°R 

±0.38 

+6.  13, 

-7.  13 

±0. 103 

-1.666 

+1.936 

TT3 

°R 

±0.45 

+4.63, 

-8.63 

±0. 105 

+1.088 

-2. 043 

PT4 

psi 

±0. 105 

±0.9 

±0.063 

-0.  534 

+0.  548 

P3A 

psi 

±0. 125 

±0.75 

±0.002 

+0.016 

-0.016 

P4A 

psi 

±0.0625 

±0. 375 

0 

0 

0 

PS5 

psi 

±0. 040 

±0.  10 

0 

0 

0 

PT5 

psi 

±0.  020 

±0.  10 

±0.  024 

+0.  120 

-0. 120 

±0.011 

+0. 058 

-0. 058 

±0.017 

+0. 089 

-0. 089 

T 

exit 

°R 

±0.47 

±9.  15 

±0.025 

-0.493 

+0.493 

